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ABSTRACT
Ibis report sunnnarizes the findings of a stud y done
b y RCA Astro-Electronics for .111 1. to determine the
feasi' i 1 itv of u •eing the- AF./DF earth-orbiting
Spacecraft design for the, 1.GO and/or MGO miSSions.
During the course of the atudv, configurations
were developed and suhsvatems analysis WAS carried
out to optimize the sui.nbility of the Spacecraft
to the missionx.
The primar y conclusion is that the basic AF./DF.
spacecraft can readil y he Applied to the 1.GO mis•-
sioii with relntivel y minor, low risk modifica-
tions. The MOO mission poses A Somewhat more
compl^x problem, primarily due to the overall
mAneuvoring hvdrnzine hudget Anti power require-
ments of the sensors anti their desired duty
cycle. These considerations dictate a modi-
fication (scaling up) of the strucure to Support
mission requirements. While this can he A000M-
plished at low risk, the MGO mission represents
about the limit for the AF/DF class Spacecraft„
However, for missions tip to and including the MGO
(and certainly for the i.GO) the hasic AF.!DF con-
cept provides and extremel y
 low cost option con-
SiStent with mission needs.
ii
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SECTION 1.0
INTRODUCTION AND SUMMARIZED FINDINGS
This report documents the findings of a study performed by RCA Astro-
Electronics in response to contract No. 956291 with JPL For the study of the
application of existing Earth orbiter designs to the Mars Geoscience Orbiter
and Lunar Geoscience Orbiter (MGO/LGO). This study was based on the applica-
tion of previously flown technologies from the Atmosphere Explorer (AE) and
Dynamics Explorer (DE) programs utilizing spacecraft designed and built by RCA
for NASA Goddard Space Plight Center. Both of these heritage programs accom-
modated science-type. miaeions and stressed cleanliness, both in the chemical
contaminant and electromagnetic domains, to minimize contamination of the
measurements to be performed. Also, both programs required spacecraft designo
which minimized interaction of the spacecraft with the local plasma to optimize
in situ measurement instruments carried on board; with the additional
constraint placed on the Atmosphere Explorer design - that it be aerodynamical-
ly stable during the low perigee (120 km altitude) passes encountered in that
program's mission. These conditions led to the physical configuration of both
spacecraft approximating a right circular cylinder with a 16-sided polygon.
While the identified payload for the two missions does not, to the first ap-
proximnti.on, require the interaction with the local plasma be as minimized as
the predecessor missions (other than the EMC environment for the magnetom-
eters), the retention of these .features in the spacecraft design studies allows
for growth and flexibility in mission design without major impact. As will be
shown in the mass budgeting and power budgeting, Sections 6 and 10 respectively
of this ^,udy report, significant margins for growth have been allocated to
n%oi^ i= ,  such modification within the design capacity of the common MGO/LGO
s ys t^r^i
The payload considered for the two missions is summarized in Table 1-1.
TABLE 1-1. MISSION PAYLOADS
MGO LGO
Magnetometer Magnetometer
y-Ray Spectrometer y -Ray Spectrometer
Multi.-Spectral Mapper Multi-Spectral Mapper
Radar Altimeter Radar Altimeter
X-Ray Spectrometer
Electron Reflectometer
Alternatives
Laser Altimeter Laser Altimeter
1.1 EARTH ORBITER TO NON-EARTH ORBITER HARDWARE DESIGNS
A fundamental element
study is agreement to
of hardware from Earth
tonally, agreement to
in understanding implications of the results of this
the interpretation of "applicability of existing design"
orbiter missions to non-Earth orbiter missions. Addi-
the "scaling" or extension of existing designs, and
1-1
Q,
attendant risk associated with same, must receive objective assessment to
make the study results useful. The position taken in performance of the anal-
yses documented herein is that, to the first order, the orbited body is not
itself a prime drawer in the features of the architecture or detail design of
the "bus" or "platform.'
Elements of the spacecraft which do not require sensing of the body being
orbited are designed to perform specific functions internal to the operation
of the spacecraft and are, therefore, independent of the body orbited. An ex-
ample of this is the command and data handling subsystem which is configured
for optimal internal digital signal manipulation in decoding and distributing
commands, synchronization signals, and the assemblage and formatting of
telemetry data for transmission.
in similar fashion, the power subsystem, the thermal subsystem, and the com-
munications subsystem are not affected by the orbited body directly, but
rather are affected by its distance from the Sun. For the power and thermal
subsystems, this translates into the total incident energy on the spacecraft,
thus driving the size of the solar array and establ,:shing one of the baseline
parameters for the a/c (absorbance to emittance ratio) of the thermal
subsystem. Internal to the spacecraft, the designs of the power system and
of the thermal subsystem are not influenced by the orbited body. In the case
of the communications subsystem, the orbited body and its orbital relation to
the Earth (and the Sun) establish the combined parametric requirements on
transmitter size and antenna gain for required data rates: an extension, due
to the distances involved, of exactly the same solutions for low altitude to
geosynchronous and beyond Farth orbiters.
In the case of the attitude determination and control subsystem and the re-
actiol control subsystem, the control function deals with manipulation of the
physical orientation of the spacecraft's body either propulsively or by
momentum interchange. Interaction with the orbited body is limited to the
method of attitude sensing should the system design require sensing of the
body orbited (e.g., infrared horizon sensors). This feature also can become.
insensitive to the orbited body if the sensing system employs celestial
sensors and/or Sun sensors. It should be noted that this configuration is
employed in the RCA-built DMSP spacecraft (Defense Meteorological Satellite
Program).
Finally, the structure subsystem design is dominated by the launch vehicle to
be employed and, moreover, by the initial stages wherein the maximum loads
(sustained accelerations, acoustic environment) are encountered. Additional
solid upper stages such as those used to enter the cruise phase of the mission
or the orbit injection motor do not, in general, drive the structure design.
Thus, in the case of the structure subsystem, the body to be orbited is not a
major design influence.
There are second order effects of the orbited body to be considered in
assessment of design adequacy. An example of this is the presence (or lack)
of a magnetic field which would allow the existence of the radiation belts
around the body for which appropriate electronic hardening/shielding would be
required. For the missions considered in this study, neither Mars nor the
moon has magnetic fields of comparable magnitude to the Earth's; therefore,
earth orbiter hardware designs will more than suffice for both missions.
1-2
In this study, applicability of the design and system architecture of
equipment from the Atmosphere Explorer Program and the Dynamics Explorer Pro-
gram is assessed primarily from the point of view of mission adequacy to sup-
port the defined payloads and to provide the means for darn retrieval. When
specific instances arise where the orbited body influences t ',1e design or
creates the requirement of extension to these designs, they are identified.
1.2 SPACECRAFT CONFIGURATIONS
Spacecraft configurations resulting from the study are shown in Fig ►xres 1,-1
and 1-2, for the MGO and LGO, respectively, in their on-orbit corifigurotions.
Section 3 of this report summarizes the evolution of the equipment layouts
which resulted in these configurations and also addresses the stowed, or
launch configurations of each. With the information base used to address the
sensor requirements, all viewing aspects for both the sensor detectors and
their associated coolers (if applicable) have been accommodated. Similarly,
the resulting configuration has allowed the achievement of mass properties of
the spacecraft resulting in a "benign" design, namely that the system, which
is a strong momentum biased system, is a principal axis spinner in failure
modes (subsequent to burn and ejection of the orbit insertion motor). This
feature significantly simplifies the nature of mission planning for anomalous
events because the design is "self-surviving" without immediate or rapid
intervention by the mission operations center.
1.3 STUDY EVOLUTION
The following paragraphs summarize the approach taken in the performance of
the study, both from the point of view of existing design legacy and mission
implications. This latter point addresses the sensitivity of the design to
certain mission objectives and resulting implications for the design of
hardware.
A number of parallel activities were initiated simultaneously to arrive at a
spacecraft design which would accomplish the mission objectives. These in-
cluded an initial field-of-view study to achieve the sensing requirements of
the MGO payload. In parallel, preliminary hydrazine budgeting for the mission
maneuvering was performed. This latter task resulted in "sizing" the space-
craft based on use of existing-design propellant tanks with the objective of
achieving most of the mission maneuvering requirements. In the MGO case, an
initial highly elliptical orbit is desired for instrument calibration.
Maneuvering from this orbit to the final 350 km circular orbit, followed by
the end-of-mission maneuver to a 525 km stable circular orbit (to preclude
spacecraft re-entry to Mars) results in an initial elliptical orbit period of
approximately 5.1 hours. While this is less than the desired 24 hour period,
the relative "softness" of the time requirement was taken as the least
stringent requirement of the mission maneuvering specifications. As the MGO
maneuvering requirements are the more demanding of the two missions, they
were used to physically size the spacecraft.
Given that sizing, the power system was then examined for ability to perform
the mission. No attempt was made to optimize the available area for solar
array of the body mounted array. A rather detailed analysis of the available
array designs was performed, and a comparison to an AE- or DE-size spacecraft
was made to develop a scaling in performance for the rather modest physical
scale change in the spacecraft dimensions that resulted from the propellant
sizing study addressed above. Similarly, the performance prediction technique
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used to assess power performance (addressed in detail in Section 10 of this
study) is extremely conservative in its "worst case" predictions. When
compared to expected performance, use of the worst case technique results in
a ratio of 1.6;1, expected case to worst case. The mission performance,
which is stated in terms of full instrument operation for all orbits, is
achieved in the expected case but not the worst case for the MGO mission.
Adapting the same design to the LGO mission results in, as would be expected,
ready accommodation of instrument operation due to the solar constant change
between the two bodies to be orbited. In all of the analyses performed in
this area, significant amounts of power margin were allocated, both for the
instrument operation and for the data transmission period, again
incorporating conservatism into the results reported. It should also be
noted that, for the high inclination orbits for both the MGO and LGO
missions, operation of "all the instruments all the time" results in a
significant amount of "redundant data" in the polar regions. Thus, to ensure
mission performance when cases of less than full orbit instrument operation
are encountered, the time available for data gathering can be apportioned, by
prudent planning of when, during a particular orbit sequence, the instrument
payload is operated.
Having physically sized the spacecraft, a detailed mass budget was estab-
lished and the maneuvering profile refined for the available amount of hydra-
zine. The mass budget was then used to select the orbit insertion motors and
launch vehicles appropriate to the two missions. Also, as noted above, key
parameters of the attitude determination and control system were sized,
addressing both the cruise phase and the mission phase for the two
spacecraft. In general, the MGO mission was the dominant system driver.
However, in assessing the method of control for the in-orbit phase of the two
missions for maintenance of the l-rpm orientation, LGO became the driver.
Assessment of the IR spectrum of the moon, especially on the dark side,
resulted in a departure from the bolometer-type horizon sensors used in both
the AR and DL programs. An alternate system of sensing has been introduced
and has been employed in both the DiGO and LGO designs. This change is judged
to be the largest departure from the design legacy of the heritage Atmosphere
Explorer and Dynamics Explorer programs.
The communications requirements for both missions were addressed, on a
parametric basis, in parallel with the above activities. The equipment
selection was limited to known existing designs, with dependency on the use
of high power amplifiers presently employed in on-going communications
satellite programs at RCA. While elements of the communications subsystems
are not derived from either AE or DE, their use and application to MGQ and
LGO requirements is not judged to be of significant impact to the system
designs evolved during the study.
Application of both AE and DE thermal designs to the MGO and LGO missions was
addressed during the study. Again, the MGO requirements became the driver.
For the spacecraft design which evolved from the above trades, it was
,determined, to the first approximation, that direct application of the tech-
niques used on both heritage programs results in a viable thermal design.
Both the cruise phase and the mission phase were addressed. However,
detailed analyses in this area, which were judged to be beyond the scope of
the study, are required to refine the assessment of the thermal performance.
Li 1-6
1,4 CONCLUSION
In summary ) application of tile designs and much of the hardware from the
Atmosphere Explorer and Dynamics Explorer programs to the Mars Goo9cience
Orbiter and the Lunar Gooscience Orbiter missions has been examined and found
to be compatible. Ilie subsystems of the spacecraft which evolved during the
course of the study have been assessed to varying levels of detail to estab -
lish credibility and/or identify limitations on the proposed missions should
they be implemented using the design legacy afforded by the two heritage ex-
plorer designs. No fundamental problem which precludes mission performance
using this t echnical approach was idmitified during the study-
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MGO/LGO SCIENCE ACCOMMODATIONS
2.1 THE INNER PLANETS - OVERVIEW
The importance of the study of the inner planets to our understanding of the
Earth as a planet cannot be overemphasized. In order to provide a framework
for understanding of the physical processes which shape the inner planets, it
is critical to comprehend both their differences, which are striking, and
their similarities, which may, in many ways, be quite subtle.
A current snapshot of the state of our knowledge reveals a relatively sophis-
ticated understanding of the dynamics and composition of the atmosphere and
surface of Venus, good enough to warrant the high resolution of the upcoming
Venus Radar Mapper which will push our state of knowledge from phenomologi,cal
observation to a basic understanding of the geological processes which occur
on the planet. Likewise, the basic composition of the atmosphere is known,
based on Pioneer Venus and Venera data, and the next step is a detailed, high
accuracy measurement of relative isotopic composition which could be
accomplished by a follow-on Venus probe.
The situation with respect to another member of the key inner planet trilogy,
Mars, is quite different: The Viking mission provided detailed data on
specific samples tested by the Lander to a level unequalled in the planetary
program, save the Apollo mission. Likewise, the Viking orbiter provided an
excellent cartographic understanding of the Martian surface. However, while
the Viking data provides detail on certain points, it does not address major
questions of surface composition and morphology (which requires a more de-
tailed multi-spectral analysis) and provides only meager information on the
atmosphere, ionosphere, magnetic field and solar wind interaction. The
detailed data points of Viking, however, do provide an excellent basis for
the design of the next mission, the MGO, and will provide a context for the
interpretation of the MGO data that will greatly increase the scientific
value of both missions.
The same premise holds with respect to the relationship of the LGO to the
Apollo mission. The argument is made, why go back to the moon? Since we
have lunar samples in the laboratory, what could we learn? This argument is
best answered by analogy. Suppose our entire body of geological knowledge of
the Earth were based on a few hundred pounds of rocks gathered near the
Equator by a handful of localized missions. Certainly no one would argue
that our knowledge of geology would be complete.
This analogy holds true almost verbatim when applied to the Moon. We have
never explored the composition of the lunar polar areas, we do not know what
the state of the volatile content near the poles is (if any), and our
knowledge of lunar mineralogy is predicated only on very localized samples,
which again, as the case with Viking and Mars, will provide a critical
context for the interpretation of the LGO data.
It is also important to note that several of the key LGO science questions
`.	 have significant bearing on the practical question of the use of lunar mater-
ial as a potential source of resources for large space structures. Examples
of this are the mineralogy and, more importantly, the volatiles inventory
s
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questions, Both of these areas are key to the exploitation of raw materials
and the feasibility of processing materials on the Moon for use in these
structures, If materials processing on the Moon is feasible, it may prove to
be the key to large space structures because delivery of material, from the
Moon has significant energetic advantages over delivery of material from the
surface of the Earth.
2.2 BASIC MGO SCIENCE
In the context of our current state of understanding of the inner solar sys-
tem, it becomes relatively straightforward to define the key areas which are
prime candidates for study in the next Mars mission. High on the list of
priorities are:
• Mars Geochemistry
• Mars Climatology
• Mars Aeronomy
These missions address key areas such as chemical and mineral composition of
the planet, planetary weather and climate volatiles content, solar wind/
planetary interaction and atmospheric evolution, all key areas to comparative
planetology. The MGO (Mars Geoscience Orbiter) is the trey area of study of
this report; however, it is possible to combine several elements of each of
these missions into a common mission while still maintaining, at minimum
cost, the use of currently available spacecraft;
The major objectives of the MGO mission are fourfold. First, to understand
the evolution and structure of the planet as a solid body it is necessary to
understand the details of chemical and mineralogy composition and its varia-
tion over the entire planet. This will provide a basis for the study of
Martian geology and structure on a global scale. Second, it is important to
understand the surface features and morphology of Mars to understand the
geologic evolution and crustal dynamics of the planet to try to infer its
past history. Third, it is important to understand the details of the gravity
field (and its gradients) of the planet to develop an understanding of the
details of the structure of the planet. Finally, the intrinsic magnetic
field (or lack thereof) of Mars is a key element not only for the study of
the planet itself but it also provides a key for comparative planetology.
The basic MGO instrument complement addresses these questions directly. Other
measurements, pertinent to the volatile content of the planet and atmosphere
and seasonal variation, are provided directly by the gamma ray spectrometer.
In fact, the gamma ray spectrometer and radar altimeter are also key instru-
ments to the Mars Climatology Mission (MCO), which is basically structured to
observe the atmosphere, as opposed to the MGO main objective of observing the
planet as a solid 'body. This commonality among missions suggests the
possibility of combining the MGO and the MCO to form the MCYO.
The basic payload of the MGO consists of the gamma ray spectrometer (GRS),
the multi-spectral mapper (MSM), the magnetometer (MAG) and the radar
altimeter (ALT). The primary function of the GRS is a chemical and
mineralogical survey of the entire planet (hence the polar orbit). The GRS
can also provide significant information about the planet's atmosphere. The
purpose of the MSM is to get surface composition and morphology on a global
basis, the ALT aids in this
2-2
objective by providing information on the gravitational aspects of the planet.
The primary purpose o,: the MA(; is for global magnetic field determination. A
summary of the instruments and their basic physical accommodation requirements
is presented in Tables 2-1 through 2-6.
One of the basic instruments carried by the MOO is the gamma ray spectrometer.
Table 2 •-1 summarizes the key properties of the GRS. Tile major impact on the
spacecraft is the fact that the GIZS is boom mounted and it is desirable to
perform a calibration, with boom extended, when the spacecraft is in its
final on-orbit configuration (with orbit insertion motor gone). While it is,
of course$ impossible to provide a rigorous solution to this problem, good
approximations are available by a cruise calibration (boom extended) or an
initial highly elliptical orbit. Both of these alternatives are possible and
have been considered.
Table 2-2 shows the basic accommodation requirements for the MSM. While
there are no particular drivers to spacecraft design here, it is desirable,
from a scientific point of view, to further tighten the attitude stability
and knowledge criteria on the spacecraft. Depending on spacecraft eboice
this may or may not prove to be a significant problem.
Fables 2-3 and 2-4 show the accommodation requirements for the MAO and th18
ALT, respectively. No particular problems are associated with either.
2.3 BASIC LGO SCIENCE
Since the primary scientific objectives of the LGO are the same as those of
MOO, minus, of course, those objectives that relate to the atmosphere, it is
not surprising that the instrument complement is similar. The one difference
is that in the lunar case, the complete lack of an atmosphere allows for
observation of surface properties by means of x-rays and secondary ele'ctrori
generated directly on the surface. In the MGO case, surface genev,sted x-rays
and secondary electrons are unable to penetrate even the tenuous atmosphere.
Therefore, in the case of the LGO, all MGO instruments are retained and two
additional instruments, the x-ray spectrometer (XRS) and electrrott reflectom-
eter (ER) are added. The data from these complement and enhance the GRS and
address the same science objectives. Tablws 2-5 and 2-6 show the accommoda-
tion requirements for the XRS and ER, respectively. Again, in these
instances, no particular problems are associated with either instrument.
2.4 NEW TECHNOLOGY DEVELOPMENT
As a baseline for the Pioneer class missions we have restricted the systems
so as to require no new technology developments. This is absolutely essen-
tial for success given the schedule and cost constraints imposed by assump-
tion. It is important to note that this assumption has, in no way,
constrained the systems concept development or affected the mission science
return since no mission.-specific new technology requirements have been
identified for any of the missions under consideration. Of course, normal
next-generation state-of-the-art subsystem design updates will take advantage
of applicable new technology developments. More importantly, several R&D
areas could be of cost and/or performance benefit to the Pioneer class
spacecraft and will be used if independently developed. For example, in the
context of Mariner Mark II, a complete X-band system could be used which
would eliminate the need for an S-band transponder.
J
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TABLE 2-1. G'RS INSTRUMENT PROPERTIES
PRIMARY DATA -	 Gamma ray pulse height spectra from the
Martinn/Lunar surface
CALIBRATION
-	 Spectra obtained prior to mid- and post-boom
deployment mid-course boom deployment required
-	 Spectra should be obtained at various orienta-
tions with respect to the galactic background
and at various levels of solar flare activity
and periodicaxly repeated an the mission
progresses (special maneuvers may be desirable
for this purpose)*
C0N%'JTRAINTS Passive cooler pointed at deep space
No strong EMI sources or susceptibility
No radioisotopes of any kind carried and/or
used by tile spacecraft or other instruments
o	 ATTITUDE CONTROL Control approximately 4-50 inrad (ti 2.9')
KNnowledge approxin ►ncely +iO mr4d 0, 2.90)
Stability - Not specified (Note:
	
Tile better
and longer the nadir pointing can be held, 	 the
better the signal-to-noise ratio of a given
pulse height spectra and therefore the more
components which can be identified)
*NOTF.-	 Art on-board monitor such as nn ionization chamber to monitor
total dose of galactic/solar cosmic rays would be helpful.
ORIGINAL	 V3
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TABLE 2-2 MSM INSTRUMENT PROPERTIES
4	 PRIMARY DATA
	
- IR images (several bands) of the surface
o	 CALIBRATION	 - Two reference targets, one reflective and one
Active thermal
w Cruise calibration internal
•	 CONSTRAINTS Keep optics away from Sun
- Cooler pointing at deep space required
- No strong EMI sources or susceptibility
- Thruster plume impingement excluded from
optics/cooler
- Covers are required
s	 ATTITUDE CONTROL -- Control. w +30 mrad (1.730)
- Knowledge	 +30 mrad (1.730)
Stability	 100 µtad/mi ,i 0.0060 /min)
w Nadir pointing
TABLE 2-3. HAG INSTRUMENT PROPERTIES
a	 PRIMARY DATA	 M Magnetic field measurements near Mars or the
Moon (to determine the magnetization state of
the body and the nature of the body/solar wind
interaction)
•	 CALIBRATION	 - Internal, no spacecraft impact
•	 CONSTRAINTS	 _ Boom mounted
- No S/C magnetic fields (AC or DC) > 0.01.
gamma at sensor
-- EMI susceptibility concerns
•	 ATTITUDE CONTROL °- Control - N/A
- knowledge v +20 mrad (1.20)
- Stability - N/A
2-5
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TABLE 2-4. ALT INSTRUMENT PROPERTIES 
OF POOR QUALITY
*	 PRIMARY DATA
	
.. Surface roughness/height variations
*	 CALIBRATION
	 - Internal, Po spacecraft impact
•	 CONSTRAINTS	 - Possible EMI source
ATTITUDE CONTROL - Control ti +30 mrad (1.73°)
- Knowledge N +30 mrad (1.73°)
Stability a *100 Arad/min (0.006°/min)
- Nadir pointing
NOTE;	 Replacing the radar altimeter by a laser altimeter is an
option that has yet to be fully assessed; however, to the
first order, no substantial additional problems are apparent.
TABLE 2-5. XRS INSTRUMENT PROPERTIES
•	 PRIMARY DATA
	
.. X-ray pulse height spectra from the lunar
surface
o	 CALIBRATION
	
- Reference target solar pointing, continuously
monitored
o	 CONSTRAINTS	 - Passive cooler pointed at deep space, refer-
ence target solar pointing
- No ecrong EMI sources or susceptibility
- Possibly boom, possibly body mounted
o	 ATTITUDE CONTROL .. Control n, +50 mrad (2.90)
Knowledge ry
 +50 mrad (2.9°)
-- Stability N +100 urad/min (0.006°/min)
}- Nadir pointing (see note on GRS)
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TABLE 2-6. ER INSTRUMENT PROPERTIES
PRIMARY DATA
	
- Secondary electrons from the Lunar surface,
energy analysis
* CLAIBRATIONS	
- All internal, no significant Spacecraft impact
* CONSTRAINTS
	
- Low OPaCecraft magnetic field
Nust be flown with magnetometer (preferential
geometry on boom)
Spacecraft "bare area" (conducting surface/
insulating surface) constraints
- Nadir and zenith viewing required
• ATTITUDE CONTROL - Control N +30 mrad ( 1.73°)
- Knowledge ti +30 mrad (1.73°)
- Stability N +100 ►grad ( 0.006°/min)
OF 
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SECTION, 3.0
INSTRUMENT ACCOMMODATION
The instrument complement for the two missions, tabulated in Table I-1, have
the characteristics and accommodation requirements as listed in Tables 3-1
through 3-7 for:
Gamma Ray Spectrometer; Table 3-1
X-ray Spectrometer; Table 3-2
Multi-Spectral Mapper; 'fable 3-3
Magnetometer; Table 3-4
Radar Altimeter; Table 3-5
Electron Reflectrometer; Table 3-6
Laser Altimeter; Table 3-7 (alternate instrument)
3.1 NCO FIRLDS-Or-VIEW
The initial activities in assessing the fields-of-view of trite instruments
commenced with a spacecraft the same physical size as an Atmosphere Explorer
spacecraft or a Dynamics Explorer spacecraft. As shown in Figure 3-1, the
radar altimeter and the multi-spectral mapper quickly erode the design,
indicating the need for mounting the mapper externally, resulting in major
surface blockages from the square antenna sensor of the radar altimeter.
Additionally, it became evident that the system required use of six 22.1 inch
diameter propellant tanks, resulting from a parallel activity to size the
required hydrazine storage (the hydrazine storage technique is addressed in
Section 5). Accordingly, the system was scaled up by n .factor of 24:17.5 in
each dimension. The scaling factor was derived as follows; the AE spacecraft
design employed a six tank storage system with the six tanks (16.5 inch
diameter sphere equivalents) in the renter toroid of the spacecraft, between
the two baseplates. The separation distance between the baseplates in the AE
design is 17.5 inches to accommodate the 16.5 inch tanks. Increasing that
dimension to 24 inches to accommodate the 22.1 inch diameter tanks and scaling
all other dimensions of the structure by the same ratio to retain the basic
load paths and structure design, as well as retaining the basic analytically
proven loads, resulted in a physical configuration as shown in Figure 3-2.
Since all dimensions were similarly scaled, including all section thicknesses,
and all relative structure relationships were retained, it is claimed that the
basic structure design has been retained. Further, as evidenced in the mass
Summaries of Section 6, where the structure masses were scaled tip by a ,factor
of (24/17.5) 3 , it is claimed that this results in a conservative design as,
for non-critical load path structure areas, many elements may require only
scaling in two dimensions rather than all three. Note that ir. Figure 3-2, the
decision to abandon the bolometer horizon sensors had not yet been made, as
the momentum wheel mounted scanning mirror is still shown ijtn the system.
At this time, it was evident that the square radar altimeter antenna was a
major factor in instrument accommodation; after consultation with JPL, it was
determined that a 1 meter diameter circular dish could be employed instead.
It was also determined that the volume representing the radar altimeter could
be packaged separately from the antenna and housed inside the spacecraft, so
long as it was in close proximity to the antenna.
3-1
Modes
Duty Cycle
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TABL8 3-1. GAMMA RAY SPECTROMETER CHARACTERISTICS
Apollo 15, 16 plus developments
12
10
29 x 32 x 50
Full instrument on boom, @ >1 S/C dia
Prefer extendable rather than articulated
Detector: Nadir
Cooler;	 Space
Detector; 180 0 (2 n st)
Cooler:	 ti150°
180°
Passive Radiator
100 = 110K
No radioisotopes, (e,g., R'TG's thoriated
alloys, potassium paints, etc:). No
strong magnetic field (>1 yy)
Some weaic Magnetic field from photomul-
tiplier tubes
Cooler shield
1. At apoapsis > 10 pinnetary radii
2.: Before, mid, and after boom extension
3. During cruise also (All nadir
Pointing)
Single (on-off)
Continuous, day and Might, full mission
time
1eriCage
Maas (incl. Electronics & Cooler)(4
Power (W)
Size (cm)
Mounting
Axis Orientation(s)
Field-of-View
Exclusion Angle (Vow)
Cooling
S/C Environment Restrictions
Environment Output
Mechanisms, etc.
Calibrations
1.5
1.3 x 108
ti50
ti50
Data. Rate(s) (kips)
Data Volume (bits/day)
Pointing Accuracy (:iinrad)
Pointing Knowledge (1 mrad)
Pointing Stability (grad/min.)
f .
	
Typical Proponent(s)
	
1 Metzger, JPL, Jim Arnold, U.C. San Diego
F -	 E 3_2	
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TABLE 3-2. X-RAY SPECTROMETER CHARACTERISTICS
Heritage
Mass (inch. Elect. & Cooler) (kg)
Power (W)
Size (cm)
Mounting
Axis Orientation(s)
Field of View
Exclusion Angle (View)
Cooling.
S/C Environment Restrictions
Environment Output
Mechanisms, etc.
Calibrations Required
Modes
Duty Cycle
Data Rate(s) (kbps)
Data Volume
Pointing Accuracy (+ mrad)
Pointing Knowledge (± mrad)
Pointing Stability (urad/min.)
Typical Proponent(s)
Apollo, 15, 16
11
10
20x20x40
Bus or boom (same requirement as gam!na ray
spectrometer. Maybe can share same boom)
Detector: Nadir
Sun Monitor: Sun Cooler: S1pace
Detector: N180°
Cooler: n,150°
Collimated, 20°
Passive radiator
ti170°K
No outstanding sensitivities
None
Cooler shield
Reference target sun illuminated, with
separate detector, continuous operation
Single, (on-off)
Collect data on daylight side only
0.3
2.6 x 107
ti30
ti30
100
Al Metzger, JPL; Jack Trombka, Goddard
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TABLE 3-3. MULTISPECTRAL MAPPER CHARACTERISTICS	 OF V)DO QUALI`T'V
Heritage
Mass (Incl. Elect. & Cooler) (kg)
Power (W)
Size (cm)
Mounting
Axis Orientation(s)
Field of View
Exclusion Angle (View)
Cooling
SIC Environment Restrictions
Environment Output
Mechanisms, etc.
Calibrations Required
Modes
Duty Cycle
Data Rate(s) (kbps)
Data Volume (bits/day)
Pointing Accuracy (t mrad)
Pointing Knowledge (± mrad)
Pointing Stability (urad/min.)
Typical Proponent(s)
Galileo (NIMS)
17
8 average, 12 peak, 120 transient
Optics: 83 x 37 A 39 , Electr: 20 x 25 x 13
Bus
Optic: Nadir
Cooler; Space
Optic: 4.1 x 0.2 mrad
Cooler: 1-150°
1-300
Passive radiator
Sensitive to gas and particulate contam-
inants on optics and thermal control
surfaces (instrument is a 130°K cold Crap)
None
Optic drives, covers (2), purge heaters
Periodic view of two reference targets,
one reflective, one active thermal
Several internal
Collect data on daylight side of planet
only, until full surface mapped
1.5, 3, 6, 12 commendable
UP to 0.5 x 109
1-3
1-3
1-10
Tom McCord, Univ. Hawaii; Bob Carlson, JPL
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TABLE 3-4. MAGNETOMETER CHARACTERISTICS	
OF POOR QUALITY
Heritage
Mass (Intl. Elect. & Cooler) (kg)
Power (W)
size (cm)
Mounting
Axis Orientation(s)
Field of View
Exclusion Angle (View)
Cooling
S/C Environment Restrictions
Environment Output
Mechanisms, etc.
Calibrations Required
Modes
Duty Cycle
Data Rate(s) (kbps)
Data Volume (bits/day)
Pointing Accuracy (P mrad)
Pointing Knowledge (± mrad)
Pointing Stability (urad/min.)
Typical Proponent(s)
Voyager, Pioneers, ISPM
Sensor(s) 1; Electronics 2
Sensor: 8 x 5 x S; Electr: 22 x 11 x 15
Sensor(s) on boom @ 3 S/C diameter
Electronics on bus
Orthogonal Sensors
NA
NA
None
No S/C Magnetic fields > 0.01 gamma at
sensor location
Radiates weak sweep magnetic fields
(ti100y) in sensor coil
No moving parts
Internal, on command
Several internal
Continuous
0.4
3.?, x 107
ti20
Chuck Sonnett, Univ. Arizona;
Chris Russell, UCLA
Of POOR
TABLE 3-5. RADAR ALTIMETER CHARACTERISTICS
Heritage Pioneer Venus (ORAD)
Mass (incl. Elect.	 & Cooler)(kg) , Electra 8; Antenna:
	 2
Power (W) 18
Size (cm) Antenna:
	 120 x 120 x 5*;
Electr:	 120 x 60 x 10
Mounting Bus
Axis Orientation(s) Antenna.	 Nadir
Field of View 20
Exclusion Angle (View) 30°
Cooling Passive Thermal Control
S/C Environment Restrictions None
Environment Output None other than radar beam
Mechanisms, etc. No moving parts (except possible
deployment of antenna)
Calibrations Required Internal, automatic or on command
Modes Several antenna
Duty Cycle Continuous until full surface mapped
Data Rate(s)
	 (kbps) 0.6
Data Volume (bits/day) 5.2 x 107
Pointing Accuracy (i mrad) -30
Pointing Knowledge (
	
mrad) ti30
Pointing Stability (grad/min.) N100
Typical Proponent(s) Steve Saunders, JPL; Charles Elachi, JPL
*Changed to 100 cm circular antenna during course of study
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TABLE 3-6. ELECTRON RERLECTOMETER CHARACTERISTICS
Heritage Apollo 16 subs.atell.ite charged particle
instrument
Mass ( incl. Elect. & Cooler)(kg) 5
Power (ld) 5
Size (cm) 20 x 20 x 20
Mounting; Boom preferred.	 Bus OK but away from
non-conducting S/C surfaces
Axis Orientation(s) Nadir/zenith plane
Field-of-View 5° fan x 360 ° revolution in nadir/zenith
Exclusion Angle (View) Same as field-of-view
Cooling None
S/C Environment Restrictions 1. Must be flown with magnetometer
2. S/C magnetic fields to satisfy
magnetometer
3. Sensitive to S/C electrostatic charging
Environment Output None outside instrument package
Mechanisms, etc. No moving parts
Calibrations Required Internal
Modes Several Internal
Duty Cycle Continuous
Data Rates(s)
	 (kbps) 0.3
Data Volume (bits/day) 2.6 x 107
Pointing Accuracy (	 mrad) ti30
Pointing Knowledge (
	 mrad) Q O
Pointing Stability (grad/min.) ti100
Typical Proponent(s) Kinsey Anderson, U.C. Berkeley; Bob Lin,
U.C. Berkeley
*Understood to be parallel (or roughly parallel to orbit plane)
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TABLE, 3-74 LASER ALTIMETER CHARACTERISTICS
Heritage
Mass (incl. Elect. & Cooler)(kg)
Power (W)
Size (cm)
Mounting
Axis Orientation(s)
Field-of-View
Exclusion Angle (View)
Cooling
S/C Environment Restrictions
Environment Output
Mechanisms, etc.
Calibrations Required
Modes
Duty Cycle
Data Rate(s) (kbps)
Data Volume (bits/day)
Pointing Accuracy ( mrad)
Pointing Knowledge (± mrad)
Pointing Stability (Urad/min.)
Typical Proponent
Apollo 15-17, plus developments
NIO
ti18
40x20x20
Bus
Nadir
5 mrad
30°
Passive thermal control
None
None other than light beam
No moving parts
Internal
Single (on-off)
Continuous until full surface mapped
n,1 0
ti4 x 108
n,3
nu 3
w10
Mike Kobrick, JPL; Charles Elachi, JPL
^Y
3-8
C7iI' ^^'kY•' ^i:^,d^ry
Figure 3^-1. Initial MGO Configuration Using AE/DE Sine Spacecraft
With these revisions, the field-of-view studies were continued on the MGO
spacecraft using the scaled up structure. (Herein, this size spacecraft is
referred to as "big bird" while the original AE/DE size spacecraft is
referred to as °'little bird.")
The resulting spacecraft configuration for the MGO is shown in figure 3-3.
The following comments address the intrument accommodation requirements.
• The booms used to extend the gamma ray spectrometer and the magne-
tometer are astromasts in the identical application as that of the DE
program for its magnetometers and plasma wave instruments. The astro-
mast length was selected to achieve the "greater than one spacecraft
diameter separation" requirement.
d The hinge technique for the gamma ray spectrometer to achieve the
desired field-of-view orientation relative to nadir and to allow for a
stowed configuration; wherein a "hard point" release mechanism can be
found to carry launch loads directly to the spacecraft structure via
the upper baseplate identical to that used for the large plasma wave
instrument antenna assembly of the DE program.
• While existing astromasts can be de ployed and retracted, the cruise
calibration requirement has been understood to be in the stowed mode to
preclude a significant design of a mechanism to re-lock it, in the
stowed mode, prior to orbit insertion motor firing.
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• The inItial apoapsis altitude achieved for the on-orbit calibration is
approximately 2 Mar ys radii above the surface as compared to the
required 10 planetary radii, based on the hydrazine budgeting as
described in section 4,
• The calibration requirement at mid-deployment can be achieved as, in
fact, the instrument can be operated throughout the deployment.
However, the nature of the astromast during deployment in to "unwind"
in spiral fashion about its axis. Thus, the possibility exists of
stopping during the deployment with the cooler field-of-vi.ew faring
Sunward. It is understood that the cooler shield will prevent damage
to the instrument during this deployment sequence. Finally, it should
also be noted that in the partially deployed (or partially retracted.)
state, the astromast does not display the same structureal rigidity as
in the fully deployed state. Thus the pointing accuracy and knowledge
would probably not be met given such a partially deployed state.
w The magnetometer detector has been mounted flush on the end of the
astromast. If there is a requirement to orient the detectors relative
to the spacecraft coordinates, a clocking plate (not shown) can be
employed in like manner to those used in the DE design.
s Assuming comparable electromagnetic behavi'o'r of this spacecraft to the
DE spacecraft, there is no problem foreseen in achieving the
magnetometer required magnetic background of 0.01 gamma at the sensor.
a Thoth the radar altimeter and the multi-spectra: mapper have been
mounted on the lower baseplate which is closer to the end of the
spacecraft that always faces the anti,-Sun hemisphere.
9 While not specifically characterized in the instrument data sheets,
the cooler of the mu-1 tispectral mapper is understood to be roughly of
the dimensions and location shown. Note that the cooler field-of-view
has been "shaped" with a clocking angle in the cooler aperture to
offset the 150° field-of-view by 7° to clear the edge of the radar
altimeter antenna. Also, the location and extension of the celestial
sensors is below the cooler field-of-view.
• The high gain antenna, in both the stowed and deployed configurations,
is positioned to be outside the field-of-view of the mapper-cooler
field-of-view.
e The high gain antenna, in the deployed condition, is shown with its
boom extended at an angle out of the x-y coordinate plane of the
spacecraft. This allows for a controlled inertia cross product to
permit active: nutation damping in a manner identical to that performed
on the DE-T3 spacecraft.
• The rotation, yoke assembly shown for the high gain antenna was
selected to support the active mutation damping concept as it results
in rotation of the antenna about an axis through its center of mass,
thereby maintaining the aforementioned controlled inertia cross
product.
a While there is no interference between the multi-spectral mapper cooler
field-of-view and the radar altimeter, design practices would include
3-12
the uee of flat, anti-reflective coatings on surfaces facing the
cooler fields-of-view as called out in Note 1 *f Figure 3-3.
r In both the stowed and deployed configurations, both of the two axis
sun sensors and the two celestial sensors have unobstructed
fields-of-view.
r As shown, the low gain Melt antenna is a direct design repeat of the
type of antenna used on the Atmosphere Explorer spacecraft. The 900
pattern shown is typical to indicate the nature of the toroidal
pattern generated by such an antenna.
3,2 LGO FIELDS-OF--VIEW
(laving addressed the fields-of-view for the MOO spacecraft, the additional
instrument complement for the LGO mission was addressed. The approach taken
was to retain, to the greatest degree possible, the same layout For the
common instruments, thereby making MGO fields-of-view essentially a subset of
the LGO configuration. The resulting design is shown in Figure 3-4. As
shown, the multi-spectral mapper, radar altimeter., gamma ray spectrometer,
F	 magnetometer, sun sensors, and celestial sensors have been retained from
their MOO locations. The following observations apply to the inclusion of
the additional LGO instruments;
a The x-ray spectrometer has been co-located on the astromast with the
gamma ray spectrometer. The comments dealing with the relative orien-
tation of the MOO gamma ray spectrometer cooler and detector during
the astromast deployment sequence apply equally to this instrument.
r The magnetometer astromast mounting has been canted slightly to deploy
the combined magnetometer and Plectron reflectometer to an angle where
the electron reflectometer toroidal fan beam senses a field-of-view
parallel to the top surface of the spacecraft. This results in a 360°
swept fan which is not quite parallel to the orbit plane, with the
plane of the boresight of the fan intercepting the orbit plane at an
angle of 2.5°,
r it is unclear from the data available whether the magnetometer and
electron reflectometer can be co-located on a common astromast in
terms of mutual magnetic compatibility. if the instruments pose no
electromagnetic contamisiation problems to each other and if the modest
offset from the orbit plane of the instrument boresight is acceptable,
then the configuration shown in Figure 3-4 accommodates their
requirements.
e Two alternate configurations for accommodation of their electron
reflectometer are shown in Figure 3 •-5. If co-location of the
reflectometer and magnetometer is unacceptable, utilization of a
third, short astromast, aligned with the spin axis of the spacecraft,
can position the instrument away from the spacecraft body, with the fan
beam boresight axis plane of revolution parallel to the plane of the
orbit, shown as Alternate 1 of Figure 3-5. Conversely, if the two
instruments can be co-located and the angle of the boresight plane to
the orbit axi4 is not critcal, then the magnetometer mast can be
erected co-linearly with the axis of the spectrometer mast with a 5.2°
3-13
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offset of the beam. This allows the fan beam to "miss" the spacecraft
as shown in alternate 2 of the figure.
• Referring back to Figure 3-4, it can be seen that the mounting angle
for the two celestial sensors has been changed for the LGO design from
that of the MGO by introducing unique angles to their mounting
brackets. This has been provided for a problem unique to the LGO
mission. As showy. in Figure 3-6, there are conditions during the
mission life of the LGO spacecraft when the field-of-view of the
celestial sensors, while looking into the anti-Sun hemisphere, will,
during one rotation of the spacecraft, scan across the sunlit surface
of the Earth. While this condition will not permanently degrade the
sensor, a question remains as to whether the sensor can recover its
operating response during the remainder of the revolution enough to
allow for satisfactory data gathering. Accordingly, the fields-of-view
of the two sensor's have been offset from each other with a "guard
band" of 5° between the edges of the fields-of-view of the sensors.
Thus, when one sensor's field-of-view can encounter the Earth, the
other cannot. Since the Earth is approximately 2° wide as viewed from
the Moon, the 5° guard band precludes all conditions for which the
Earth renders both sensors inoperative at the same time. This offset
also results in the edge of the field-of-view of the high angle sensor
"missing" the large orbital injection motor (OIM) protrusion in the
cruise configuration.
• While the power analyses of the LGO addressed in Section 10 of this
report address operation of the spacecraft with and without the high
gain antenna, all LGO field-of-view studies have included it to assure
accommodation of the "worst case."
3.3 LAUNCH CONFIGURATIONS
Our having arrived at acceptable field-of-view accommodation, the next
question addressed was the launch configuration. For this study, the three
orbit insertion motor candidates identified in the mission analysis for the
MGO mission were considered. In addition to delineating the MGO cruise phase
configuration, specific attention was paid to the separation clamp hardware,
with the objective being to achieve a configuration which utilized existing
clamps rather than imply the additional programmatic costs of a new clamp
development program. The configurations achieved are shown in Figures 3-7,
3-8 and 3-9 for the Star 30C, Star 37F and Star 37S OIMs, respectively. (The
DMSP Block 5D clamp is an existing design taken from the on-going Defense
Meteorological Satellite Program at RCA with the USAF).
3.4 ALTERNATE INSTRUMENT ACCOMMODATION
The physical characteristics of the alternate instrument candidate, namely the
laser altimeter, are such that, for the data available, no :major problems in
accommodation (in lieu of the radar altimeter) are foreseen. Referring to
Figures 3-3 and 3-4, if the large radar antenna and its associated electronics
are removed, ample space is available for the mounting of the laser altimeter.
The radar altimeter location is near the anti-Sun end of the spacecraft. In
like manner to the technique used to accommodate the multi-spectral mapper
cooler, the cooler for the laser altimeter can be accommodated. While no
cooler field-of-view specifications have been identified, it is reasonable to
assume a 150° requirement similar to the other detector cooler requirements in
the instrument complement.
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Figure 3-7. MGO-Star 30C Launch Configuration
Similarly, the field-of-view of the sensor (and its aperture) falls inside
the radar altimeter aperture and beam width such that the same region may be
equally applied for the laser altimeter. As can also be seen from Figures
3-3 and 3-4, the 30° exclusion angle can be readily accommodated using the
radar altimeter mounting location; the closest object being the spec-
trometer(s) on their astromast which instruments are well outside the
required exclusion angle.
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SECTION 4.0,
MISSION ANALYSIS
4.1 BACKGROUND
The MGO and LGO missions will be second-phase explorations of Mars and the
Moon, Mars having been visited first through the exploratory Viking and
Mariner missions and the Moon through the Apollo program. The goal of these
missions is the global mapping of geochemical and geophysical features, with
an eye to the future exploitation of the resources of these bodies. This aim
will be best accomplished by using polar (or near polar) orbiting spacecraft
and, in later missions, also entry bodies and landers. Accordingly the sub-
jects of this study are the development of a single basic spacecraft suited
to making global remote sensing surveys of either Mars or the Moon, with only
minor differences between versions for each specific mission, and the deploy-
ment and operation of this spacecraft in a nominally polar orbit for one year.
Whenever possible, features of the mission design will aid in the minimiza-
tion of the total cost of achieving the specified goals. The mission design
described in this section reflects these criteria in its use of the Dynamics
Explorer (DE) design concept as the basis of the development of a compliant
spacecraft design.
While commonality is emphasized and achievable for the spacecraft, the MGO
and LGO missions are treated independently herein because of the respective
differences in mission profiles, time lines and AV requirements. This
independent-treatment approach does not compromise the spacecraft commonality
but, as indicated in other sections of this report, further establishes the
MGO as generally the greater challenge. The LGO requirements for communica-
tions, weight control, navigation, nutation control and propulsion, for
example, are subsets of the MGO requirements. On the other hand, the require-
ment for attitude sensing using star :3ppers and sun ;sensors in the initial
insertion orbit at the Moon is a harder design driver than the similar re-
quirement at Mars.
4.2 MGO MISSION ANALYSIS
4.2.1 Orbit Achievement - Outline
For the purpose of introducing the mission analysis for MGO it is worthwhile
outlining the baseline orbit-achievement plan. This will in effect summarize
the results of the various sections of the orbit-achievement analysis dis-
cussed in ,fuller detail in Sections 4.2.2 through 4.2.4.
In the baseline mission, launch of the MGO will be performed by the STS with
a spinning IUS-1 upper stage. A type I transfer to Mars has been selected
for 1988 launch and a type 11 transfer for each of the 1990 and 1992 launches.
Ten-day launch windows have been considered. These transfer trajectories to-
gether with the STS/IUS-1 baseline launch system feature high launch payload
margins.
4-1
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Injection from the STS park orbit will occur without plane change. The 1US -1
will be controlled before its ignition either by the MOO attitude determina-
tion and control system (ADACS) or adapted PAM-A avionics. Mid-course maneu-
vers will be performed in order to effect corrections for the IUSw1 trajectory
error and for targeting trims as Mars is approached. The IUS-1 will be sepa-
rated early enough so as to be biased to miss Mars.
Mars orbit insertion (MOI) will be performed using a solid rocket motor over
one of the polar regions of Mars, at the periapsis of the arrival hyperbola,
which will be targeted to be at an altitude of approximately 500 km. The in-
sertion orbit will be highly elliptical, with an apoapsis as high as possible
so that the gamma ray spectrometer may be calibrated as far away from Mars as
possible after the deployment of its boom following MOI. The apoapsis radius
will be limited by the capacity of the on-board propulsion system which will
be used to achieve the mission orbit at 350 km altitude. The JPL supplied
Mars Reference Data Package specifies upper--stage correction-maneuver AV's of
200 m/s for a spinner and 60 m/s for an inertial reference unit (IRU) controlled
stage. For the two types of upper stage stabilization, therefore, there will
be different nmounts of hydrazine available for orbit circularization and,
accordingly, the maximum apoapsis altitude of the Mars insertion orbit for the
two cases will be either N 7016 km (5.1 hr period orbit) or N 12,423 km
(8.25 hr period orbit), respectively, as shown in Section 4,2.6.
The spacecraft- will be left in this insertion orbit for approximately 20-130
days, depending principally upon the angle between the arrival plane and the
Sun direction for the individual transfer trajectory used, until the desired
45° phase angle (3 AM or 3 PM local time of ascending node) is achieved.
During this drift period the booms carrying the gamma ray spectrometer and the
magnetometer will be deployed and these instruments calibrated near apoapsis.
At the end of the drift-orbit phase, the insertion orbit will be circularized
at 350 km altitude using the on-board hydrazine propulsion system. The spent
solid rocket motor and instrument hatches and covers will be jettisoned in the
insertion orbit. It is necessary to ensure that neither this debris nor the
s)pacec.raft itself impacts the surface of Mars before the end of the expiration
date of the NASA planetary quarantine policy at the end of the year 2018.
At the end of the drift-orbit phase, the insertion orbit will be circularized
at 350 km altitude using the radial thrusters of the on-board hydrazine RCS.
In this orbit the spacecraft will operate for nominally one year collecting
and sending data on the geophysics and geochemistry of Mars back to Earth.
At the chosen end of life (EOW of the mission, the orbit will be raised by the
on-board hydrazine propulsion system into a stable circular orbit at > 500 km
altitude in order to satisfy the planetary quarantine requirement.
4.2.2 Earth-Mars Tra2ectorZ Selection
Paired, low-energy, two-impulse Earth-Mars transfer opportunities of types I
and II (typically separated by one or two months at launch), occur approxi-
mately biannually (usually 24-28 months, the synodic period for Earth and Mars
being 780 days, i.e., ti 25.6 months). significant, even great, differences
between the magnitudes of the propulsive impulses required to effect these
transfers exist between the individual opportunities. Table 4.2-1 lists sum-
mary characteristics of the six Earth-Mars transfer opportunities with
t
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launches occurring during the period 1988 .1992 for the first days of 10-day
launch windows. 'These transfers have been optimized to enable the delivery of
the maximum mass into Mars orbit. From each of these three pairs of trajec-
tories the 1988 1, 1990 11 and 1992 11 trajectories have been selected for the
baseline missions discussed further in this study sinra they require the lowest
launch energies, 03's, and ultimately feature the highest mass in orbit for
the use of a given STS upper stage. In fact, however, the results of the
launch system selection process turned out to feature very large payload mar-
gins, as discussed in Section 4.2.3. It remains a possibility, therefore, that
the other three transfer trajectories ,shown in Table 4.2-1 may be suitable.
Other trajectories may be calculated according to other optimization criteria
and may also be suitable, while yielding further advantages. For example Table
4.2-•2 lists summary characteristics of six other opportunities with launches in
the period 1988-1992, for 10-day launch windows, optimized to feature minimum
AV requirements for the M01 maneuver. The confirmation of the suitability of
these other potential trajectories remains a subject of investigation for a
follow-on MGO study.
Realistic launch considerations dictate that at least 10 consecutive days be
available for launching a planetary mission. For the baseline missions
(superscripted "b") in Table 4.2-1, accordingly, the values of C 3 and arrival
hyperbolic excess velocity, Vim,, for the last days of the 10-day launch windows
are shown in parentheses in order to indicate the penalties associated with the
10-day launch windows.
Values of declination of launch assymptote, DLA, are also shown in Tables 4.2-1
and 4.2-2. The relevance of DLA is illustrated in Figure 4.2-1. If the incli-
nation of the park orbit is denoted by 1, it may be seen from the figure that
any value of DLA satisfying the relationship -I <DLA<I may be achieved with-
out a plane change being effected by the upper stage. All that is required is
injection at the appropriate time and position in the park orbit. Of course
the correct alignment of the launch assymptote must be ensured by correct
orientation of the STS park orbit, which is determined through STS launch
window selection.
Further, regarding DLA, it may be shown that for MOT into near-polar orbits, no
plane charge will be necessary at Mars, any necessary plane-orientation adjust-
ment being achievable at very little propulsive cost by a mid-course maneuver.
This would not be the case were the Mars insertion orbit required to be near-
equatorial. The value of DLA, therefore, is not very significant in regard to
MOI for the MGO mission.
4.2.3 Launch System Selection
A group of fourteen launch systems, which are either currently available, soon
to be available or are proposed concepts, were considered for the MGO launch.
They are:
1. STS/PAM-D
2. STS/PAM-A
3. STS/IUS Two-Stage
4. STS/Centaur F
S. STS/Injection Module (IM)
6. STS/PAM-D2
7. STS/IUS-1 (Spinner)
8
	
STS/IUS-1 (IRU Controlled)
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4 STS/CENTAUR F
6 STS/iH
6 STS/PAM-02
7 STS/IUS-1 (SPINNER)
8 STS/IUS-1 (3-AXIS)
9 STS/IUS-1/PAM-D
10 STS/IUS-1/114
11 SYS/IUS-1 ALONE
12 TITAN 3q !US TWO-STAGE(W/O EEC)
13 DELTA 3920/PAM-D
14 DELTA 2914
JPL SELECTED REFERENCE
OPPORTUNITIES SHOWN
+ SPINNING UPPER STAGE
• 1RU CONTROLLED UPPER
STAGE
CURRENT OR UNDER
DEVELOPMENT
•10.0	 00	 100	 200	 900	 400
	 66
LAUNCH C3 (KM/S1 2	- - - PROPOSED CONCEPT(DATA AREPRELIMINARY
Figure 4.2-2. Matcb of Launch Systems with 650 kg Class DE-Based 14GO Using
a Hybrid Propulsion System
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9. STS/ICES-1/PAM-D
10. STS/IU.S-1/IM
11, STS/IUS-1
12. TITAN 34/IUS Two-Stage (W/O EEC)
13. Delta 3920/PAM-D
14. Delta 2914
The choice between these launch systems was narrowed initially by matching
the calculated launch throw masses for the three baseline missions with the
planetary performance curves of the launch systems as illustrated summarily
in Figure 4.2-2.
The values for throw mass were developed starting from the end-of-life (COL)
mass of the spacecraft, of 651 kg, which includes 72 kg of growth margin.
Intermediate results in these calculations for the three baseline missions
are shown, in Tables 4.2-3 to 4.2-5 for three values of the period of the Mars
insert ,',on orbit; 12, 8 and 3.5 hr, respectively.
Requirements and constraints that were figured into the calculations of these
tables are;
M AV = 76 m/s to raise orbit altitude: to 525 km at LOL
o ti25 kg allowance of h ydrazine for possible extended data gathering
phase
AV for lowering insertion orbit to circular at 350 km altitude (mag-
nitude of AV dependent on dimensions of insertion orbit)
• Component masses of suitable, available STAR solid rocket orbit inser-
tion motors (OIMs)
er 60 kg adapter between OIM and spacecraft
r Hydrazine used for mid-course maneuvers (AV - 200 m/s for spinning,
upper stages, 60 m/s for inertially controlled upper stages)
R 100 kg launch adapter
The paired values enclosed by square brackets in Tables 4.2-3 to 4.2-5 cor-
respond to the use of a spinning upper stage, whereas the unenclosed paired
values correspond to the use of an upper stage controlled by an IRU, i.e., a
"3-axis stage."
The tables show the altitudes of apoapsis, 18015, 12022 and 1841 km cor-
responding to Mars insertion orbits with a periapsis altitude of 500 km and
periods of 12, 8 and 3.5 hr respectively. Also included are the values of
the AVs required to lower these insertion orbits to become circular at 350
km altitude, i.e., 1044, 924, and 527 m/s, respectively.
The bottom lines of these tables show the calculated launch throw masses.
These are plotted in Figure 4.2-2. The term "throw mass" is used here to
represent all mass above the mating interface of the launch vehicle, i.e.,
does include the mass of the launch adapter.
6
TABLE 4.2-3. 01 14,-BASED MGO MASS HISTORY	 12 HOUR PERIOD INSERTION ORBIT
Launch Year and Trajectory Type 1988 1 1990 11 1992 11
# Mass (kg)Item
I LOL 8/0 651 651 651
2 Hydrazine for COT, Orbit Raising 22.3 22.3 22.3
(350 + 525 kin 	 AV - 76 m/s)
3(-1+2) S/C Pro-EOL Orbit Raising 673.3 673.3 673.3
4 Approximate Hydrazine for 3-4 yr Data '25 25 25
Gathering Phase
5( e3+4) 1301, $/C 698.3 698.3 698.3
6 Hydrazine for Apoapsin Lowering 404.5 404.5 404.5
(18015 .+	 350 kin Alt., AV a 1031 m/s)
7 Hydrazine for Periapsia Lowering 6.4 6.4 6,4
(500 + 350 kin Alt.,	 AV - 13 in/a)
8( ,-5+6+7) S/C Pre-Orbit Circularization 1109.0 110910 110910
9 Candidate-01M Star Designation 30C 37S 30C
10 01M at Burnout + 60* kg Adapter 91.3 107.5 91.3
11(8+10) Assembly at OIM Burnout 1200.3 12165.5 1200.3
12 Mars Orbit Insertion AV (kn►/s) 1.083 1.139 1.005
13 Solid Propellant Mass 566.9 604.8 518.3
14 % OIM Off-Loading 3.1 8.1 11.4
15 OIM Mass 601.9 657.9 .553.3
6(-8+15 •+601(g) Planetary Approach Mans 1770.9 1826.9 1722.3
17 Hydrazine Used in Earth-Mars
Transit**
47.7
[164.2)
49.2
[169.31
46.4
[159.61
18 Upper Stage Adapter 100 100 100
19(-10+17+18) Launch ,Payload 1918.6 1-76.1 1868.7
[2035.11 [2096.21 [1981.91
*Current Estimate
**AV A 60 m/s for 3-Axis Upper Stages [Av ° 200 m/s for Spinning Upper Stages]
Mars Insertion Orbit of 500 x 18015 km Altitude, 	 i.e.,	 12 hour Period.
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TABLE 4.2-4. DE-BASED MCO MASS HISTORY - 8 HOUR PERIOD INSERTION ORBIT
Launch Year and Trajectory Type 1988 I 1940 II 1992 11
# Mass (kg)Item
l EOL SIC (Including 71.5 kg Margin) 651 651 651
2 Hydrazine for EOL Orbit Raising 22.3 22.3 22.3
(350 •►
 525 km Alt., 4V-76m/s)
3( = 1+2) SIC Pre-EOL Orbit Raising 673.3 673.3 673.3
4 Approximately Hydrazine for 3-4 yr Data 25 25 25
Gathering Phase
5( n3+4) BOL SIC 698.3 698.3 698.3
6 Hydrazine for Apoapsis Lowering 346.0 346.0 346.0
(12022 + 350 w km Alt., AV R 908 m/s)
7 Hydrazine for Periapsis Towering 7.4 7.4 7.4
(500 + 350 km Alt., AV - 16 m/s)
8( =5+6+7) SIC Pre Orb^v Circularization 1051.7 1051.7 1051.7
9 randidnte-OIM Star Designation 37S 37S 30C
10 OIM at Burnout + 60* kg Adapter. 117.5 107.5 91.3
ll (8+10) Assembly at OIM Burnout 1159.2 1159.2 1143
12 Mars Orbit Insertion AV (km/s) 1.207 1.263 1.129
13 Solid Propellant Mass 618.6 654.3 567.7
14 % OIM Offloading 5.9 0.5 2.9
15 OIM Mass 671.7 707.4 602.7
16(-8+15+601tg) Planetary Approach Muss 1783.4 1819.1 1714.4
17 hydrazine Used in Earth-Nare Transit** 48.1 49.0 46.2
(165.3) (168.6] [158.9)
18 Upper Stage Adapter 100 100 100
19(16+17+18) Launch Payload 1931.5 1968.1 1860.6
[2048.7) [2087.7] [1973.3)
*Current Estimate
**AV m 60 m/s for 3-Axis Upper Stages [AV = 200 m/s for Spinning Upper Stages)
Mars Insertion Orbit of 500 x 12022 km Altitude,
	 i.e., 8 hour Period
4
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TABLE 4.2-5. DE-BASED MGO MASS HISTORY 3.5 HOUR PERIOD INSERTION ORBIT
n
u
i
Launch Year and Trajectory Type
# .__ Item
1 EOL S/C (Including 71.5 kg Margin)
2 Hydrazine for EOL Orbit Raising
(350 + 525 km Alt., AV - 76 m/s)
3(-1+2) S/C Pre-EOL Orbit Raising
4 Approximate Hydrazine for 3-4 yr Data
Gathering Phase
5(-3+4) BOL S/C
6 Hydrazine for Apoapsis Lowering
(3841 + 350 km Alt., AV - 501 m/s)
7 Hydrazine for Periapsis Lowering
(500 + 350 km Alt., AV - 26 m/s)
8(-5+6+7) S/C Pre Orbit Circularization
9 Candidate-OIM Star Designation
10 OIM at Burnout +60* kg Adapter
ll(-8+10) Assembly at OIM Burnout
12 Mars Orbit Insertion AV (km/s)
13 Solid Propellant Mass
14 % AKM Off-Loading
15 OIM Mass
16(-8+15+60kg) Planetary Approach Mass
17 Hydrazine Used in Earth-Mars Transic**
18 Upper Stage Adapter
19(-16+17+18) Launch Payload
1988 I 1990 II 1992 YI
_ Mass (kg)
651 651 651
22.3 22.3 22.3
673.3 673.3 673.3
25 25 25
698.3 698.3 698.3
173.6 173.6 173.6
10.1 10.1 10.1
882.0 882.0 882.0
37F 37F 37F
121.7 121.7 121.7
1003.7 1003.7 1003.7
1.616 1.672 1.538
780.7 816.6 731.8
9.8 5.7 15.5
847.8 883.7 798.9
1789.8 1825.7 1740.9
48.2 49.2 46.9
[165.9] [169.2] [161x,4]
100 100 LOG
1938.0 1974.9 1887.8
[2055.7] [2094.9] [2002.3]
*Current Estimate
**AV = 60 m/s for 3-Axis Upper Stages [AV - 200 m/s For Spinning Upper Stages]
Mars Insertion Orbit of 500 x 3841 km Altitude, i.e., 3.5 hour Period.
9
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It is immediately clear that the baseline MGO spacecraft lies well beyond the
capability of the STS/PAM-A launch system, represented by curve 2 in Figure
4.2-2.
The next more powerful launch system beyond the STS/PAM-A is the Titan 34/IUS
Two-Stage. This is not a favored launch system for several reasons. First,
both the Titan 34 booster and the IUS Two-Stage upper stages will be much more
expensive than the baseline choices which are an STS launch with an IUS-1 up-
per stage. Second, the IUS Two-Stage has a limited expected production run,
especially now that the development of the STS/Centaur F has been recommended.
Third, by the time of the baseline mission launches, 1988°-1992, the STS will
be fully operational.
The baseline launch system is the STS/IUS-1, which is the basis of the next
group of more powerful launch systems. The IUS-1 motor is currently being
developed under a firm program; an off-loaded IUS-1 will be used as the
perigee kick motor for the Intelsat VI. The planetary performance of this
system is represented by curve 11 in Figure 4.2-2. Its use would yield very
large margins in launch payload (throw mass) over the requirements for the
baseline missions, which are also shown in the figure.
This baseline launch system features use of the IUS-1 as a simple solid
rocket motor, not as a self-controlled stage. This concept is discussed more
fully in Sectiot; 4.2.4. If this concept ultimately proves to be infeasible
"	 or unattractive, the proposed launch system would become either STS/IUS-1
n	 (spinner) or STS/IUS-1 (3-axis). The two versions of the IUS-1 referred to
are conceptual stages proposed and studied at the NASA Marshall ,Space Flight
Center. The spinning stage is controlled by modified PAM-A avionics which
are capable of holding the inertial orientation of the stack steady through
separation from the Shuttle and through spin-up and up to ignition. The dis-
crepancy between the measurement of attitude by the Shuttle and the position
of the IUS cradle is currently predicted to be <0.5°, and the pointing error
of the IUS-1 (spinner) stage will, therefore, be at least as high as this er-
ror. The 3-axis stage referred to is controlled by modified Galileo Insertion
Module avionics, which are capable of holding the inertial orientation of the
stack as it is within the Shuttle and then, if required, reorienting by a pre-
selected bias amount before ignition. Under control of the avionics the stage
is then inertially held (in three axes) during the burn, and mid-course maneu-
vers are also possible.
It may be seen from Figure 4.2-2 that the throw mass margins for the baseline
mission;; are still high, in the range of approximately 200-700 kg, for these
two IUS-stages. The margins are slightly greater for the IU'S-1 (3-axis)
stage. These launch system options are clearly less desirable than the base-
line system since they require development. They may still be cheaper and
more feasible than the Titan 34/IUS Two-Stage system, however.
4.2.4 Launch Phase
The launch phase of the mission will consist of boost from the Kennedy Space
Center on-board the Shuttle into a circular park orbit at 296 km attitude,
followed by deployment from the cargo bay and injection into the interplane-
tary transfer trajectory.
^.	
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Since the baseline launch system is the STS/IUS-1 (see Section 4.2.3), there
will be few constraints on spacecraft hardware, weight and volume for launch.
Throw mass margins have been discussed in Section 4.2.3. The DE based MGO
design, being evolved from designs for expendable launch vehicles, will fit
easily into the Shuttle bay and on top of the IUS-1 even with any necessary
environmental protection shroud. A simple conical adapter will connect the
spacecraft and the IUS-1. Since the maximum thrust level of the IUS-1 will
be N27,000 kg f (ti267000 N) and the mass of the integrated stack at launch
will be ti12,500 kg, the peak acceleration of the stack will be V2.2g.
This level of acceleration is very mild compared with, for example, Shuttle
emergency landing load factors which typically may be u 4.5g in the Shuttle
X and Z directions. The AE/DE design legacy of the MGO features compatibility
with spinning about the axis of symmetry at rates of up to 60 rpm. The use of
the spinning IUS-1 in the baseline, therefore, is perfectly matched to the
spacecraft design.
While inside the Shuttle bay the MGO spacecraft will probably require thermal
shielding. The spacecraft will be partially operational while inside the
Shuttle bay since the momentum wheel and the ADACS will be required during the
period between separation from the Shuttle and injection. In fact, in order
to ensure reliability, the momentum wheel will be spinning throughout the
entire launch phase: A small amount of heat will be generated, therefore,
and a full thermal analysis will be necessary in further studies, but the
design will be made to feature passive thermal control only. The zones of
focused sunlight caused by the concave radiator panels on the inside of the
bay doors will be avoided by the injection stack.
The baseline concept features control of the injection stack by the ADACS of
the DE-based MGO following separation from the Shuttle and up to the time of
ignition. The stack will be deployed from the Shuttle by the standard spring
actuated IUS deployment system. The Shuttle orientation at separation will
be held so that the orientation of the stack will be as close as possible to
that required at ignition. The stack will be momentum biased during and after
separation by means of the momentum wheal in the spacecraft. Following
separation there will be a period, covering between a half to one orbit,
during which the stack will drift to a clearance distance from the Shuttle
safe for ignition. Also during this period, the orientation of the stack will
be trimmed and stabilized. The ADACS of the spacecraft will. employ its sun
sensors, star sensors, gyro package, momentum wheel and hydrazine thrusters to
trim the orientation of the stack. The level of gyroscopic stiffness of the
stack already provided by the momentum wheel of the spacecraft will then be
increased just prior to the IUS-1 burn by the spinning up of the stack to
typically 60 rpm using the hydrazine thrusters of the spacecraft. This spinup
will also serve to prevent any secular launch error due to thrust-vector
misalignment effects during motor firing. Spin control of the stack in this
way is performed very economically in terms of hydrazine used.
Since the attitude of the stack may be set and held, as described, following
separation from the Shuttle and prior to IUS-1 ignition, the stack will not
be spun up much earlier than necessary prior to ignition. In this way there
will be no significant buildup of nutation prior to ignition and no nutation
damping system is required on board the spacecraft or the stack.
4-12
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At the appropriate moment the IUS-1 is ignited. The nominal burn time is 146
seconds. At burnout the orbital velocity (with respect to the 'Earth) will have
been increased from 7.728 km/s to the value corresponding to the required C3.
For the 1988 I, 1990 II and 1992 11 baseline trajectories are C 3 ti11.83,
15.94 and 12.26 km2 /s2 , respectively, as shown in Table 4.2-1.
Accordingly the relationship
2p 	 1/2
injection - C3
ro
where C3 = square of the departure hyperbolic excess velocity
E	 uE _ gravitational constant for Earth - 398,601 km3/s2t"	
r = initial orbit radius = 6,674 km
gives the injection velocities of 11.458, 11.636, and 11.477 km/s, respec-
tively. The IUS-1, therefore, imparts velocity increments of 3.730, 3.908,
and 3.749 km/s, respectively, to the stack for the three baseline missions.
The geometry of the injection is illustrated in Figure 4.2 -1 and has been
E discussed in Section 4.2.2.
4.2.5 Earth-Mars Transfer Phase
The heliocentric transfer phase of the mission basically consists of a "coast-
ing" trajectory which is essentially a section of an elliptical orbit around
the Sun. The trajectory for the baseline mission with the launch in 1988 is
described as being a Type I trajectory since the spacecraft will travel out-
side the heliocentric orbit of the Earth less than 180° around the Sun. The
trajectories for the baseline missions with launches in 1990 and 1992 are Type
II trajectories since the heliocentric angle traveled through is greater than
180°.
The transfer times for these baseline missions are shown in Table 4.2-1 and
are 207, 359, and 344 days, respectively.
Since the inclination of the Mars heliocentric orbit is only 1.85 0 to the
ecliptic, the Earth-Mars transfer is very nearly in the ecliptic plane.
Plots of the histories of pertinent spatial and geometrical relationships for
the three baseline transfers, relating to the time-changing geometry between
the spacecraft, Mars, the Earth and the Sun, are shown in Figures 4.2-3 to
R
	
	 4.2-5. The chase diagram is very useful in aiding visualization of the rela-
tive orientation of the spacecraft to these celestial bodies and of the bodies
to each other. The information shown graphically has been incorporated into
the analyses of the communications, thermal and power subsystems described in
Sections 8, 9 and 10.
It may be seen that for all three transfer trajectories there are no conjunc-
tions, or close conjunctions, of the Sun and the spacecraft as seen from the
Earth, nor of the Earth and the Sun as seen from the spacecraft, to cause
degradation or interruption of communications.
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Following; very soon after burnout of the IUS-I, the spacecraft will be sepa-
rated from the spent stage and the launch adapter. The jettisoned stage will
not be targeted accurately enough at this time to intercept Mars and will not
be of concern regarding planetary quarantine. The spacecraft body will then
be despun quickly, using the on-board hydrazine propulsion system, before
significant nutation can develop (see Section 7). The momentum wheel will be
kept spinning even during the IUS-1 burn and will now provide gyroscopic sta-
bility of the axis of symmetry of the spacecraft.
During the transfer the spacecraft will spin very slowly, e.g., 0.1 rpm, about
its axis of symmetry which will be oriented according to corsiderations arising
from the thermal control of the spacecraft and orbit insertion motor and the
sensing of the attitude of the stack using the star and Sun sensors. More than
90 percent of the angular momentum of the stack will reside in the momentum
wheel, Generally the spin axis may be aligned anywhere between parallel and
perpendicular to the ecliptic plane as long as the star and Sun sensors can
view their reference bodies. In the baseline mission plan the spin axis will
lie approximately parallel to the ecliptic plane with the OIM in the shadow of
the spacecraft. In this orientation the solar arrays, predominantly the one on
the face of the ,spacecraft opposite the OIM, will provide ample power for
housekeeping and communications requirements. If the OIM temperature starts to
fall significantly, the spin axis will be shifted temporarily in order to allow
direct heating of the OIM by obliquely incident solar radiation.
While the stack is within N5 x 10 7 km of the Earth during the transfer
phase, downlinks via the omni antenna will be strong enough for the planned
science and spacecraft functions checkouts, Vor such higher data-rate check-
outs at treater distances, however, either the fan-beam antenna or the high-
gain antenna (HGA) will be used. Since the HGA will remain in its stowed con-
figuration until after Mars orbit insertion, the stack will be temporarily
reoriented from its "rotisserie" alignment, and the stack will be despun
(except for the momentum wheel) for the purpose of performing the downlinks for
these checkouts carried out at the greater distances from the Earth. This
reorientation procedure is described more fully irs Section 7.
occasional minor and mid-course corrections will be made using the on-board
hydrazine propulsion system in order to endure the correct arrival geometry at
Mars. These will .involve a total AV of the order of 0.01 km/s, which for
the typical values of the planetary approach mass for the baseline missions,
shown in Tables 4.2-3 to 4.2-5, i.e., ti1800 kg, corresponds to the use of
N 8 kS of hydrazine. For these mid-course maneuvers, reorientation of the
stack will be performed as for the HGA downlinks, as described in the previous
paragraph.
Before the closest approach to Mars and the simultaneous Mars orbit insertion,
the ;stack will be aligned with the MOI thrust vector. This realignment will
be performed open loop, and a trim maneuver will then be made under ground
command. The realignment will be performed early enough that thorough verifi-
cation of its accuracy may be made using the on-board, attitude determination
system. Also prior to MOI, the temperature of the OIM wil y. be assured at the
preselected value, possibly by the use of heater elements, as indicated by the
full thermal analysis that will be a subject of a detailed follow-up MGO
study. Immediately before MOI the stack will be spun up to N 60 rpm using
the on-board hydrazine propulsion system in order to stabilize the alignment
of the OIM thrust vector.
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4.2.6 Mars Orbit Insertion
4.2,6.1 Arrival Conditions
The Earth departure geometry, timing and injection A, determine the
Earth-Mars transfer trajectory. This in combination with mid-course
corrections determines arrival conditions at Mars.
Before entering the gravitational sphere of influence of Mars, the stack of
spacecraft plus OIM has an approach velocity relative to Mars, V,„ of
nominally 2.666, 2.741 and 2.468 km/s for the three baseline transfer trajec-
tories, as shown in Table 4.2-1. It can be seen easily, therefore, that the
stack will have positive energy in the Mars reference frame if one considers
that, by comparison, a body with zero energy in the Mars reference frame,
ejected from the planet with the escape velocity, would arrive at infinity
with zero velocity relative to Mars. The stack will therefore follow a
planar, hyperbolic trajectory around Mars unless it is targeted to impact the
planet or is acted upon by the on-board propulsion system. The deflection
angle between the approach and departure assymptotes depends upon the close-
ness of approach to Mars.
In the baseline missions the stack will be targeted so as to have a hyperbolic
periapsis altitude of 500 km at Mars. At the periapsis point the stack, pre=
aligned and spun up as described in Section 4.2.5 0 will be injected into an
elliptical Mars insertion orbit by means of the solid rocket motor. The in-
sertion orbit will be coplanar with the hyperbolic approach trajectory, which
will have been arranged by mid-course targ:ting to produce a near-polar orbit,
at 92.5° inclination for the baseline missions. The approach trajectory, ac-
cordingly, will be targeted over either Mars's North or South polar region;
there will be an accompanying choice to be made between ascending nodes
approximately 180° apart. The approach geometries for the three baseline mis-
sions are shoml in Figures 4.2-6 to 4.2-8 which represent views from the Mars
North Pole looking southwards. These figures and Table 4.2-6 show that in the
Mars reference frame the stack arrives from the dawn sector with periapsis
phase angles (Sun-Mars-periapsis angles) of 97(105), 77(66) and 93(653) degrees
(first value of a pair corresponding to a South approach, second value, in
parentheses, corresponding to a North approach) for the three optimum, low
energy baseline mission trajectories. As described later in Section 4.2.7, a
drift orbit will ensue, therefore, during which the desired periapsis phase
angle of 45° will be achieved.
4.2.6.2 Selection of Mars Insertion Orbit
The baseline MOI geometry is shown in Figure 4.2-9.
The selection of the elements of the Mars insertion orbit involves the careful
matching of many constraints and requirements such as arrival geometry (see
Section 4.2.6.1), propulsion system type(s) and capability, mission science
requirements, spacecraft requirements (e.g., power), planetary quarantine re-
strictions, etc. The interactive process is illustrated schematically in
Figure 4.2-10 and is discussed in this section.
The feasible orbit insertion scenarios, while differing widely among them-
,elves, are all very sensitive to the choice of the interplanetary transfer
trajectory and the performance capabilities o!' the on-board hydrazine
reaction control subsystem (RCS) and the available solid rocket OIMs. It
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Figure 4.2-8. Initial Mars Orbit Viewed from North Pole - 1992 Type 'II
should be that while the three baseline Earth-Mars transfers taken for the
baseline mission design are based on the optimization of delivered on-orbit
mass at Mars, the baseline calculations shown in Tables 4.2-1 and 4.2-2 have
been backed away from the absolute optimum values in order to allow for
10-day launch windows.
The baseline mission design incorporates a hybrid (solid plus liquid) propul-
sion system for the MOI and subsequent maneuvers. The incorporation of a
wholly liquid propulsion system would have necessitated the design and
development of a new stage, in effect, the expense and technical risk of
which is inconsistent with the current scheme of modifying an existing Eartl-
orbiter spacecraft design to give a low cost mission. Futhermore the effec-
tive efficiency of a solid OIM is at least as high as that of an integrated
bipropellant stage using monomethyl hydrazine and dinitrogen tetroxide.
The on-board hydrazine propulsion system, therefore, was sized in accordancE
with the available volume for tanks inside the spacecraft. The size of the
baseline spacecraft was principally dictated by power requirements, power
being produced by solar arrays covering all available external. surfaces. Ac
cordingly the baseline design features six 22-inch (nominal) spherical hydrz
zine tanks as described in Section S.
A Mara insertion orbit having a period of at least 24 hours would be preferx
for purposes of calibrating the gamma ray spectrometer as far away from Mar:
as possible at apoapsis, following deployment of the boom carrying the insti
meat. This boom cannot be deployed any earlier and still survive the MOI m.-
neuver intact. The question arises naturally, therefore, as to what is the
i^
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TABLE 4.2-6. SUMMARY CHARACTERISTICS OF MC0 ORBITAL PJWEb
(Bused on launching lot clay of 10-day period selected to
maximize mass in Mars orbit)
Launch Opportunity, year 1988 1990 1992
Transfer Trajector;^; ''ypea I II II
Elliptical Orbit (1—day period)
Insertion Date (MOI) 1/25/89 8/16/91 8/31/93
Initial Orbit Phase, Angle, deg 76(74) 52(54) 64(68)
Initial Periapsis Phase Angle, deg 97(105) 77(66) 93(68)
(Sun—Mars-Periapsis Angle)
Inclination, deg 93 93 93
Duration, days 123(130) 23 61
Final Orbit Phase Angle, deg 45 45 45
Final Periapsis Phase Angle, deg 51 66 64
Circular Orbit (350 km)
Tnaertion Date 5/28/89 (6/4/89) 9/8/91 10/31/93
Days Before Perihelion 398(391) 61 57
Reference Dates
Solar Conjunction 9/30/89 11/8/91 12/27/93
Mars Perihelion 6/30/90 5/18/92 4/5/94
End of Mission 5/28/90 (6/4/90) 9/8/92 10/31/94
aCases selectee for Reference Trajectories
bWhere values differ between cases for Mars Orbit Insertion from North or
South approach, values for approach from North are shown in parentheses
VHP
HYPERBOLIC
APPROACH
	
MARS
ASYMPTOTE
600 km
\ °VOIM.^
Figure 4.2-9. Mars Approach and Orbit Insertion Geometry
4-21
IL
x
Launch
spacecraft Typo	 Opportunity
OF POOR QUALITY
Launch Vehicle	 I	 Trajectory
	
Options	 l	 Selection
Upper Stage	 Mid Course
	
Options	 Corrections
	
Science	 Initial Mara
	
Objocthios	 Orbit
1
Selected Mission	 Orbit
Orbit' Adjustments
Orbit
Maintenance
E
nMd of Mission
 aneuvers
Figure 4.2-10. MGO Orbit Selection Process
largest Mors insertion orbit compatible with the bounding; (maximum) capability
of the on-board hydrazine propulsion system for the subsequent propulsive
maneuvers.
This question was resolved graphically, as shown in Figure 4.2-11, which show;
curves of the required spherical hydrazine tank diameter versus the period of
the Mars insertion orbit. The upper curve corresponds to the use of a spin-
ning STS upper stage (launch vehicle error correction AV of 200 m/s required)
and the lower to use of an inertial reference unit (IRU) controlled upper
stage (correction AV of 60 m/s required). The figure is consistent with base-
line missions featuring; the three baseline Earth-Mans transfer trajectories
and possibly any of the Earth-Mars transfer trajectories described in Section
4.2.2 as well. The curves were drawn through the two triplets of data points
which were derived from 'fables 4.2-7 to 4.2-9. These tables correspond to
Tables 4.2-3 to 4.2-5 which show the summarized MGO Wiese history for Mars
insertion orbits with periods of 12, 8 and 3.5 hours respectively. Tables
4.2-7 to 4.2-9 show the MGO hydrazine budget for missions featuring the same
4-22
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TABLE 4.2-7. DE-BASED MGO HYDRAZINE BUDGET - 12 HOUR PERIOD INSERTION ORBIT 1
i	 # Item
Launch Year and Trajectory Type 1988 I 1990 II 1992 II
1 Hydrazine Used During Earth-Mars Transit* 47.7 49.2 46.4
[164.21 (169.31 [159.6)
2	 °- Hydrazine for Periapsis Lowering** (kg) 6.41 6.4 6.4
(500 .. 350 km Altitude)
3 Hydrazine for Apoapsis Lowering** (kg) 404.5 404.5 404.5
(18015 ^ 350 km Altitude)
4 Hydrazine for Approximately 3-4 yr 25 25 25
Data Gathering Phase (kg)
5 Hydrazine to Raise S/C into 525 km 22.3 22.3 22.3
Altitude Circular Orbit at EOL (kg)
6(-1+2+3+4+5) Total Hydrazine Requirement (kg) 505.9 507.4 504.6
[622.43 [627.51 [617.81
Required Spherical Tank Diametert (in) 22.8 22.8 22.8
[24.4) [24.51 [24.43
*AV = 60 m/s for 3--Axis Upper Stages [AV = 200 m/s For Spinning; Upper Stages)
**Solid OIM Used to Achieve 500 x 18015 km Altitude (12 hour Period) Mars Insertion. Orbit
tAssuming Hydrazine Density = 1.04 kg/litre and 6 Tanks with 20% Initial Pressturant Volume
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TABLE 4.2-8. DE-BASED MGO HYDRAZINE BUDGET - 8 HOUR PERIOD INSERTION ORBIT
# Item
Launch Year and Trajectory Type 1:~,`s	 ,`M1
48.1
1990 II 1992 II
1 Hydrazine Used During Earth-Mars Transit* 49.0 46.2
[165.3] [168.6] [158.9]
2 Hydrazine for Periapsis Lowering** (kg) 7.4 7.4 7.4
(500 + 350 km Altitude)
3 Hydrazine for Apoapsis Lowering** (kg) 346 346 346
(12022 + 350 km Altitude)
4 Hydrazine for Approximately 3
-4 yr 115 25 25
Data Gathering Phase (kg)
5 Hydrazine to Raise S/C into 525 km 22.3 22.3 22.3
Altitude Circular Orbit at EOL (kg)
6( =1+2+3+4+5) Total Hydrazine Requirement (kg) 448.8 449.7 446.9
[566.0] [569.3) [559.6]
Required Spherical Tank Diametert (in) 21.9 21.9 21.9
[23.71 [23.7] [23.7]
*AV = 60 m/s for 3-Axis Upper Stages [AV = 200 m/s For Spinning Upper Stages]
**Solid OIM Used to Achieve 500 x 12022 km Altitude (8 hour Period) Mars Insertion Orbit
tAssuming Hydrazine Density = 1.04 kg/litre and 6 Tanks with 20% Initial Pressurant
Volume
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TABLE 4.2-9. DE-BASED MGO HYDRAZINE BUDGET - 3.5 HR. PERIOD INSERTION ORBIT
I tem
Launch Year and Trajectory Type 1988 7. 1990 II 1992 II
1 Hydrazine Used During Earth-Mars Transit* 48.'2 49.2 46.9(165.9] [169.2] (161.4]
2 Hydrazine for Periapsis Lowering** (kg) 10.1 10.1 10.1
(500 * 350 km Altitude)
3 Hydrazine for Apoapsis Lowering** (kg) 173.6 173.6 173.6
(3841 * 350 km Altitude)
4 Hydrazine for Approximately 3-4 vd 25 25 25
Data Gathering Phase (kg)
5 Hydrazine to Raise S/C into 52:; ,n' , 22.3 22.3 22.3
Altitude Circular Orbit at EOL (kg)
6( =1+2+3+4+5) Total Hydrazine Requirement (kg) 279.2 280.2 277.9
(396.9] [400.2] (392.4]
Required Spherical Tank Diametert (in) 18.7 18.7 18.7
[21.0] (21.1] [20.9]
*AV = 60 m/s for 3-Axis Upper Stages (AV = 200 m/s For Spinning Upper Stages]
**Solid O TM Used to Achieve 500 x 3841 km Altitude (3.5 hr. Period) Mars Insertion Orbit
tAssuming Hydrazine Density = 1.04 kg/l and 6 Tanks with 20% Initial Pressurant Volume
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three Mars insertion orbits with subsequent maneuvers as described in later
subsections of Section 4.2. In calculating the tables it was assumed that
there would be six identical hydrazine tanks with an initial pressurant volume
fraction of 20% (i.e. ) 5:1 blowdown ratio) and that the density of hydrazine
is 1.04 kg/litre (which corresponds to 25 °0.
It may be seen from Figure 4.2-11 that use of 22 inch diameter tanks will al-
low Mars insertion orbits of u 8.25 hour period (15,816 km apoapsis radius)
and u 5.1 hour period (10,409 km apoapsis radius) for the missions featuring
an IRU controlled and a spinning STS upper stage, respectively. Since the
baseline STS upper stage is a spinner (Section 4.2.3) it will be considered
herein that the largest Mars insertion orbit consistent within the baseline
design has a period of v 5.1 hours. In fact, though, further analysis in a
later study could well show that the baseline ADACS scheme described in Section
4.2.4 will reduce the launch vehicle error correction AV allotment of 200 m/s
and correspondingly enlarge the limiting Mars insertion orbit.
Table 4.2-4 shows that for a Mars
MOI A Vs are 1.207, 1.263 and 1.129
that these would be best perfo,^med
tively. The corresponding OVs sur
are 1.616, 1.672 and 1.538 km/s an
all three casese
insertion orbit wit • ii a period of 8 hours the
km/s for the three baseline missions and
by STAR 37S, 37S, and 30C OIMs, respec-
an insertion orbit with a 3.5 hour period
d the most suitable OIM is the STAR 37F in
4.2.7 Drift Orbit Phase
Following MOI the stack of the spacecraft and spent OIM will be quickly despun
to about 4 rpm using the on-board hydrazine propulsion system before signifi-
cant nutation develops. The spin axis of the stack will then be processed un-
til it is normal to the orbit plane, so that the spacecraft orbits Mars in a
cartwheel mode.
The requirement for an initial orbit phase angle of 45 0 slightly complicates
the orbit achievement strategy if efficiency regarding propulsive energy is to
be maintained. The baseline mission design incorporates a drift orbit phase
following MOI so that in the Mars-Sun reference frame the insertion orbit will
precess from its arrival value (see 4.2.6.1) to the specified 45 0 prior to
achievement of the Sun-synchronous mission orbit, as described in Section
4.2.6.1. The drift periods are shown in Table 4.2-6.
Alternative schemes of achievement of the specified phase angle are more costly
regarding propulsion requirements and, therefore, have been rejected. For
example, a similar Earth-Mars transfer trajectory which results in an arrival
periapsis phase angle of 45° features an injection from Earth orbit on 12 July
1988 and MOI on 22 December 1988. The value of V. for this trajectory,
however, is 3.376 km/s.	 This is much higher than the values of V. of
2.666, 2.741 and 2.468 km/s for the baseline trajectories, shown in Table
4.2-1, and a correspondingly much greater retrovelocity maneuver of ti 2.6
km/s, instead of N 1.1 to 1.3 km/s, would be required on arrival at Mars.
Bearing in mind the large throw mass margins for the baseline trajectories
described in Section 4.2.3 and illustrated in Figure 4.2-2, however, this
option might be considered in a future study for MGO. Summary results of a
AV budget analysis for the MGO mission using this less efficient, direct
transfer trajectory are shown in Table 4.2-10.
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Figure 4.2-11. MGO ^rherical Hydrazine Tank Diameter vs Period of Mars
Insertion Orbit for the 1988 I, 1990 II, and 1992 II
Launch Opportunities
Another inefficient route to arrive at the deoired 45 0 periapsis phase angle
involves first the utilization of the energy-efficient, baseline Earth-Mars
transfer trajectories followed by the propulsive changing of the orbit phase
angle. Fuller analysis would determine the optimum timing and magnitude of
the required plane change maneuver(s). If the plane changing were performed
following circularization of the insertion orbit to 500 km altitude, however,
it is readily calculated that the required AV would bet, 5.8 m/s/degree.
For the baseline drift orbits (periapsis altitude of 500 km and periods in the
range 3.5 - 8.25 hr approximately) the phase angle precession due to the
motion of Mars around the Sun will be dominant, averaging ti 0.457 degree/day
over Mars's significantly elliptical heliocentric orbit. The precession due
to the oblateness of Mars 0 2 = 0.00197) for an orbit with inclination =
92.5°, periapsis altitude = 500 km and period = 24 hr is only ti 0.011
degree/day, and in the opposite direction as the heliocentric-orbit induced
precession. The exact drift orbit periods necessary for the three baseline
missions (assuming a periapsis altitude of 350 km and an orbit period of 24
hours) are shown in Table 4.2-6. It may be seen that, after arrival along the
1988 I baseline trajectory, the drift period following MOI on a North approach
is seven days longer, at 130 days, than the 123 days required following MOI on
a South approach. This is due to the difference in initial periapsis phase
angle between arrival on the North and South approaches for an on-orbit in-
clination of 92.50.
Figure 4.2-12 illustrates two high Mars orbits after 50 and 100 days from
arrival along the 1992 II baseline trajectory with MOI on a North approach.
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Figure 4.2-12. Mars Orbits after 50, 100 Days Viewed from North
Pole - 1992 Type II (Insertion Via North Approach)
4.2.8 Planetary Quarantine
The task of baseline science accommodation in the spacecraft design is greatly
simplified if the spent OIM is jettisoned. The NASA policy on planetary quar-
antine as applied to the MGO mission, however, requires that all passive space
hardware around the planet must be left in orbits that will survive the expi-
ration date of the policy as applied to the MGO mission, which is the end of
the year 2018. The Mars inserti.cn orbit is a candidate for storing the jet-
tisoned spent OIM and instrument hatches and co .:,ers. Furthermore, the related
MOI at 500 km altitude, described in Section 4.2.6, will more safely accom-
modate potential dispersions of the arrival trajectory arising from such
causes as ephemeris errors than will MOI directly at the mission orbit
altitude of 350 km.
A circular orbit at 525 km altitude is proposed in the baseline for the final
storage of the spacecraft at the end of its mission life. A AV budget
allowance of 90 m/s was specified for the purpose of this end—of—life orbit
raising. Such high altitude circular orbits are the longest lived.
The determination of the stability of an orbit around Mars is a complicated
process which must take into account several influencing factors. For exam-
ple, third-body effects from the Sun and the planetary asphericity are signi-
ficant contributing factors. For low orbits, atmospheric drag is important.
The study of the orbital motion of a satellite of Mars grows rapidly in com-
plexity as one tries to generalize the situation since the oblateness coef-
ficient, J2, is twice as large as the similar coefficient for the Earth.
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Researchers in the field have shown that resonant situations between oblate-
ness and long-period third-body effects can occur at several inclinations.
The effect of this is to cause large variations in the periapsis altitude
over short periods of time. A semi-analytic method of predicting the varia-
tion of a Mars orbit: over long periods of time has been reported in the liter-
ature. It has been used to simulate the specific MGO baseline insertion orbit
with periapsis at 525 km altitude, inclination of 92.6° and a period of 12
hours, and also to simulate the EOL orbit, circular at 525 km altitude at the
same inclination. Fortunately, these orbits, selected for jettisoning the ex-
pended OIM and for EOL parking of the spacecraft, do not exhibit these
resonances.
The results of simulations for a 525 km circular orbit are displayed in Figure
4.2-13. Variation of semi-major axis, eccentricity, and inclination remain
well-bounded until at the earliest the year 2014, and should remain so wall
beyond 2018. Sprtcifically, the eccentricity ranges between 0.003 and 0.014.
There are sligh ;4
 high-frequency oscillations but nothing of significance which
might cause orbit decay. Based on these simulations, it is concluded that the
selected parking orbit is sufficiently stable to satisfy the NASA planetary
quarantine policy requirements. On the other hand, elliptical orbits and
circular orbits at around 300 km to 400 km altitude may decay too fast.
Results of the simulations for the elliptical orbit are illustrated in Figures
4.2-14 and 4.2-15. The difference between the two sets of simulation is that
Figure 4.2-14 corre.s.ponds to a drag-free simulation while Figure 4.2-15 cor-
responds to the model for the atmosphere of Mars contained in "Models of Mars
Atmosphere (1967)," NASA Space Vehicle Design Criteria (Environment), NASA
SP-8011, December 1968, which may be considered to represent the extreme,
worst case. Figure 4.2-15 indicates that the baseline Mars insertion orbit
may not be stable until 2019, or may be only marginally stable. A more
appropriate simulation in a follow-on MGO study should be able to clear this
matter up. In any case the choice of jettisoning hardware in the insertion
orbit rather than the EOL orbit would be virtually insignificant regarding the
baseline mission design.
4.2.9 Mission Orbit Achievement
m
At the end of the drift orbit phase the insertion orbit will be circularized
at 350 km altitude using the on-board hydrazine propulsion system. For this
and subsequent adjustments to orbit altitude in the baseline design, the
pitch control of the spacecraft will be employed to hold the radial hydrazine
thrusters parallel or antiparallel to the orbit velocity. The orbit will be
circularized by multiple apoapsis-pass and periapsis-pass retrofirings on-
ground command. The associated total AV and hydrazine usage depend upon the
size of the insertion orbit and may be read from the data presented in Tables
4.2-3 to 4.2-5.
Once the spacecraft is in the mission orbit, pitch lock will be obtained. The
HGA will then be deployed and will acquire Earth pointing through initial, ap-
proximate pointing, commanded from Earth, followed by a raster search in pitch
of the gimbal mount, at slowly changing gimbal pitch offset angle, until Earth
lock is achieved. A backup acquisition mode will also be programmed into the
spacecraft in case the acquisition command from Earth is not received. In
this mode, the despin control system or the HGA gimbal pitch-control will be
used to slowly rotate the HGA relative to inertial space. After the entire
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cone has been searched for Earth signal., either attitude thrusters or the
gimbal mount will increment the spin axis or the pitch offset angle, respec-
tively )
 by approximately one antenna beam-width, and the new cone of rotation
will be examined. The prooess will be continued until the HGA receives Earth
signal. The pitch control system will then acquire lock with the spacecraft
orbiting in the 1-rpo cartwheel mode. Using an antenna spin rate of 2 rpm and
a beam width of l.b° (X-band) or 6.6* (S-band), for a 1,5rri diameter antenna,
this search should ideally take at the most 100 or 28 minutes, respectively.
4.2.10 Mission Orbit phase
The baseline mission orbit will be circular at 350 km altitude and approxi-
mately 93° inclination. It will, therefore, be approximately Sun synchronous.
Orbit and attitude maintenance during the one-year mission life will involve
counteracting the small perturbations due to solar pressure, solar and lunar
gravity, aerodynamic, drag, TICS thrusting and the effects of the asphericity
of Mars associated with terms of higher order than that of J 2 in the spherical
harmonic expansion of the Mars gravitational potential. The spin or pitch axis
will be precessed at the average rate of one revolution per 687 days (one Mars
year) by precession thrusti* g in order to maintain its alignment with the
normal to the Sun synchronous orbit. In fact, these effects will only be cor-
rected insofar as they affect the attitude control of the spacecraft, or overly
reduce the coverage of the surface of Mars by the scientific instrument; other-
wise they will be allowed to accumulate.
Since the orbit inclination will be - 93 0 , for any sensor there would
eventually be total latitudinal coverage of Mars for latitudes L, where L <870;
i.e., the 3° polar caps will not be passed over directly. In the nominal one
year of mission, however, there will be 4541 orbits at 350 km altitude. If
orbit control were possible, so that no two sensor swaths overlapped at the
Equator, then full coverage at the sunlit Equator could be achieved with a
swath width of 4.70 km, i.e., 0.079 0 or 1.38 milliradians subtended at the
center of Mars. This is narrower than the narrowest swaths of tho baseline
sensors, i.e., 4.0 x 0.2 milliradians for the MSM and 5 milliradians for the
laser altimeter., Such perfect swath control is extremely unlikely, even if
possible, and the most practical solution to maximizing surface coverage might
well be to trim the orbit inclination, perhaps several times during the mis-
sion, according to the results of simulations, and to extend the mission life
as much as possible. Inclination and node trims can be achieved propulsively
a	 for AV = 59 m/s per degree, which corresponds to an expenditure of hydrazine
of 18 kg/degree for a 700 kg spacecraft (i.e., beginning of life, as in Tables
4.2-3 to 4.2-5) and 15 kg/degree for a 600 kg spacecraft. A detailed orbit-
control simulation might be a subject for a follow-on MGO study.
Since in the baseline design the full capacity of the spacecraft for hydrazine
storage has already been utilized (see Tables 4.2-7 to 4.2-9 for example), the
use of hydrazine for inclination or node control would further decrease the
size of the largest possible Mars insertion orbit (see Section 4.2.6.2) and a
corresponding, slightly larger mass of propellant would be required for the
0IM. In view of the large throw mass margins for the baseline mission using
the STS/IUS -1 launch system (see Section 4.2.3), however, this scheme is
certainly feasible.
Plots of the histories of several pertinent spatial and geometrical relation-
ships in the mission phases for the three baseline missions, relating the
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time-changing geometry between the spacecraft, Mars, the Earth and the Sun, are
shown in Figures 4.2-16 to 4.2-18. The heliocentric plots in these figures are
very useful in aiding visualization of the relative orientation of the space-
craft to these celestial bodies and of the bodies to each other. The informa-
tion shown graphically has been incorporated into the analyses of the communi-
cations, thermal and power subsystems described in Sections 8, 9 and 10.
It may be seen from the figures that opposition occurs approximately 250, 80
and 120 days after MOI for the 1988 I, 1990 II and 1992 II baseline missions,
respectively. It may be seen from Table 4.2-6 that the mission phases begin
after drift-orbit periods of ti 130, 23 and 61 days, respectively. The
oppositions, therefore, occur approximately 120, 57 and 59 days after the
beginning of mission life in the 350 km altitude orbit. Consequently, a short
shutdown-period, typically of the order of 30 days, as in the Viking missions,
will be unavoidable. Temporal relationships between the different orbit
phases, the seasons, seasonal effects such as dust storms, and other
heliocentric-orbit features such as perihelion are shown in the baseline
orbital-phase timelines in 'Figures 4.2-19 to 4.2-21.
The evolution of the orbit phase angle through the mission is also shown in
Figures 4.2-16 to 4.2-18. The initial value at circularization of the
insertion orbit is 45°, by definition, and corresponds to local times of the
ascending node of 1500 hours for South approaches and 0300 hours for North
approaches. It may be seen that for all three baseline missions the orbit
plane precesses towards the noon-midnight sectors following circularization,
as preferred in the mission specifications. The precession rate might well be
speeded up for the 1988 I mission by selecting a lower value of inclination
than the baseline value of 93°. On the other hand, at the end of the nominal
one-year mission, the ascending and descending nodes for the 1990 II and 1992
II missions will be within 30 minutes of local noon or midnight, for the
baseline value of inclination of 930.
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It may be seen from the orbit geometry that the HGA tracking will consist of
rotation of the dish about the pitch axis at 1 rpo, with a roll-yaw offset
which varies slowly from day to day. The roll-yaw offset, measured with
respect to the orb;.t normal, may be referred to as the antenna offset angle.
The evolution of the antenna offset angle for the three baseline missions for
both North and South approaches is shown in Figure 4.222. The ranges shown
are all within the capability of the gimbal-mount design when used together
with temporary spacecraft reorientation by pitch offset control as necessary.
The solid angle swept by the HGA axis through the mission during Earth-communi-
cations operations for one year is approximately 8 steradians for the baseline
missions. A similar example, corresponding to a slightly different baseline
mission orbit commencing 1/17/89 and lasting for two years with ascending node
at 1945 hours local time, is shown in Figure 4.2-23. The dots in the figures
show sample traces of the locus of the end of the unit pointing-vector with
respect to the spacecraft axes. The zenith lies in the direction of the
positive radial axis. Unit circles in the radial and orbit-normal (yaw-pitch)
plane and the velocity and orbit-normal (roll-pitch) planes are also shown, to
facilitate interpretation. The similar figure corresponding to a 0745 local
time ascending node is the mirror image of Figure 4.2-23 in tf,e orbit plane.
The baseline design for the mounting of the HGA accommodates pointing of the
dish for all appropriate orbit hour angles and Earth-Mars orientations, as
well as its stowage for launch. In order to ensure clearance of the space-
craft body by the HGA beam, the spacecraft may have to be temporarily flipped
through 180° in pitch prior to communication, for some Earth-Mars orientations.
If the mechanism for effecting rotation of the HGA about the pitch axis (thus
maintaining Earth-pointing against the pitch rotation at 1 rpo) were to fail.,
Earth-pointing could still be easily achieved by maintaining the appropriate
programmable body pitch offset using the attitude control subsystem.
Occultation of the Earth by Mars will occur for those HGA pointing directions
at angles greater than ti 115° away from the local zenith. As the relative
orientations of the Sun, the Earth and Mars change through the mission, the
length of time per orbit during which the Earth is eclipsed by Mars as seen
from the spacecraft will also change. The histories of this eclipse duration
for the three baseline missions are shown in Figure 4.2-24 for both South and
North approaches. It may be seen that the longest time per orbit that the
spacecraft is out of view of the Earth is u 43 minutes, i.e., ti 37 percent
of the 116 minute orbit period. This presents no problems regarding opportu-
nities to transmit data gathered between down links.
4.2,11 End of Mission-Life
r	 In the baseline
350 km altitude
hydrazine RCS.
slight raising.i	
to the usage of
(EOL mass = 651
shown in Section
the end of the c
sion, the end of
mission design, the mission phase will be ended by raising the
orbit to approximately 525 km altitude using the on-board
This will be achieved over several orbits each involving a
The necessary total AV will be ti 76 m/s which corresponds
ti 22.3 kg of hydrazine for the baseline spacecraft design
kg) as shown in Tables 4.2-3 to 4.2-5. It has already been
 4.2.8 that this orbit will be stable until, at the earliest,
urrent NASA policy on planetary quarantine for the MGO mis-
the year 2018.
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4.3 LGO MISSION ANALYSIS
4.3.1 Orbit Achievement Outline
The highlights of the orbit achievement outline for the baseline LGO mission
are shown in the mission timeline presented in figure 4.3-1. This timeline
presents a baseline sequence of mission events from lift-off through the end
of the mission, which will be one year after lunar orbit insertion. Although
the level of the detail is limited at this stage of mission planning, such a
timeline is a good starting point from which to develop a comprehensive mis-
sion plan. It presents all anticipated mission maneuvers in a logical se-
quence and incorporates the assumptions made in Section 4.3, where appropri-
ate.
The launch phase of the mission will consist of boost from the Kennedy Space
Center by a Delta 3920 or the Shuttle, followed by injection into the trans-
lunar trajectory by a PAM-D or PAM-D2 upper stage, respectively. The launch
energy, C3, necessary for an Earth-Moon transfer is negative due to the el-
lipticity of the orbit of the Moon around the Earth, varying between approxi-
mately -2.1 and -1.9 km2/s2.
The momentum wheel will be spinning throughout the mission, with the body rate
reduced to a very low rate following translunar injection, so that gyroscopic
stiffness is high and nutotion will not become significant during the transfer
phase. Following launch, attitude determination and control will be performed
by the spacecraft using the star sensors, sun sensors, gyro-package, momentum
wheel and the onboard RCS thrusters.
The JPL specified allowance of 100 m/s has been made for launch vehicle error
corrections and mid-course maneuvers for lunar targeting.
In the baseline mission design there is a choice available between an all-
hydrazine on-board RCS and a hybrid solid plus hydrazine system. The all-
hydrazine option was incorporated into the baseline design late during the
current LGO study but is the preferred option. The feasible hybrid option
has been left in ab part of this study report.
Use of an all-hydrazine RCS will allow deployment and calibration of the gamma
ray spectrometer along the Earth-Moon transfer trajectory.
If a solid lunar orbit insertion motor is used, the injection stack will
be spun-up to u 60 rpm using the hydrazine RCS just prior to the lunar orbit
insertion (LOI) maneuver.
The LGO will be injected into a lunar insertion orbit using either a solid OIM
or the hydrazine RCS. If the hybrid RCS is used, the baseline insertion orbit
will be 100 x 4000 km altitude. If the all-hydrazine RCS is used, the base-
'`,,	 line insertion orbit will be nominally identical with the mission orbit, i.e.,
circular at 100 km altitude, although an elliptical insertion orbit for cali-
bration of the gamma ray spectrometer could be included in the baseline mis-
sion design if desired.
The approach assymptote will take the insertion stack either under the South
Lunar Pole or over the North Lunar Pole so that a near-polar orbit, probably
at an inclination of 85° or 95°, can be established without any plane change
being performed on arrival at the Moon. For the mission orbit, which is
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circular at 100 km altitude, an inclination within several degrees of 90° is
undesirable since instabilities become amplified and orbit eccentricity builds
up rapidly in such an orbit.
No relay satellite is included in the baseline mission design as there was in
earlier lunar orbiter proposals. Communications and tracking using Earth
ground stations, therefore, will be limited to line of sight situations during
a	 the entire mission.
If a hybrid RCS is used, an additional sequence of operations will be neces-
sary. Following LOX, the spacecraft will be quickly despun and the spent OIM
separated and allowed to impact the lunar surface as a result of natural orbit
decay. The spacecraft will then be precessed using the on-board hydrazine RCS
so that it orbits in the cartwheel mode. Following LOX, the gamma ray spectro-
meter and magnetometer booms will be deployed and the spectrometer calibrated
at the high altitude of the apolune. The hydrazine RCS will then be used on
successive perilune passes to circularize the orbit at 100 km altitude.
Perilune passage will probably occur over the far side of the Moon. It may not
be possible, therefore, to monitor the injection and circularization maneuvers
as they are performed.
In the baseline plan, the mission-phase orbit will be maintained nominally at
100 km altitude for one year. The AV incorporated into the baseline mission
design for this purpose is the JPL-specified 100 m/s.
In the mission orbit, the spacecraft will orbit in the cartwheel mode, spinning
at 1 rpo so that the imaging sensors will be held pointing continuously towards
the nadir. Since the orbit inclination will probably be about 5° away from
exactly polar, the spacecraft will not pass directly over the polar caps.
The extensive lunar orbiter mission studies that have been performed in the
past have been reviewed. Table 4.3-1 is presented as a summary comparison of
the current baseline mission design with the previous mission designs, which
were proposed by GSFC (1975), JPL (1977) and ESA (1979). References for these
earlier studies are provided at the bottom of the table.
4.3.2 Launch Window and Earth-Moon Trajectory Selections
Typical 0 ght profiles for the LGO spacecraft are depicted in Figures 4.3-2
and 4.3-3. The transfer time for the most efficient Earth-Moon transfers is
approximately 115 hours, i.e., 4 days, 19 hours. In such a transfer the LGO
will move in a single plane. Thus, the initial Earth orbit and trans-lunar
planes must be coincident and, at least approximately, contain the Moon at ar-
rival. For a given launch azimuth, a1 inertial orientation of the Earth orbit
is a function only of launch timing. Thus, on any given day there are two in-
stances in which the parking orbit plane contains the Moon. The launch window
can be lengthened by widening the range of launch azimuths, but the cost is an
increase in required ascent energy.
The inclination of the transfer plane to the plane of the orbit of the Moon
about the Earth is a function of the Moon's declination and the launch azimuth.
The maximum and minimum inclinations occur when the Moon is on its descending
and ascending nodes on the Earth's Equator, and the inclinations are approxi-
mately equal when the Moon is near its maximum or minimum declination with
w	 .
respect to the Earth's Equator. During 1988, the inclination of the Moon's
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orbit is approximately 29° to the Earth's equator; for a 90° launch azimutcl,
the parking orbit is inclined appt.oximately 28'. Therefore, the maximum and
minimum inclinations of the transfers would be approximately 57 and 1 degree,
respectively. The two solutions on a givers day are referred to as "high" and
"low" with reference to their inclinations. Figure 4.3-4 illustrates these
solutions, and shows that the difference in inclinations is approximately 10
degrees.
The transfer trajectory geometry within the Earth-Moon system is approximately
the same for all launch dates. As the Moon revolves around the Earth, how-
ever, the transfer changes with respect to the Sun. If the right ascensions of
the line of nodes and the Sun are plotted with respect to the Earth-Moon line
as a function of launch date, as in Figure 4.3-5 for July 1979, it becomes
apparent that twice during the lunar month the line of nodes aligns approxi-
mately with the Moon-Sun line. Once the orbit around the Moon is established,
however, an alignment occurs only twice per year, and, since the Moon-Sun line
moves approximately V/day, an alignment may take a very long time. If such an
alignment early into the mission is scientifically desirable, the acceptable
launch opportunities may be limited to two periods per month as shown.
Scientific and engineering constraints may have the effect of restricting
otherwise acceptable launch opportunities. For example, thermal and power
subsystem requirements may impose conditions at launch, during park orbit
coast, or in translunar trajectory, which conditions affect launci, time or park
orbit coast time and thus limit the number of acceptable launch dates per
s	 month. Further- classification of launch window constraints follows.
There are two basic categories of launch window constraints, i.e., monthly and
daily. Table 4.3-2 summarizes the elements of each and gives some insight into
the significance of each. Monthly launch window constraints come about because
the Moun is circling the Sun with the Earth once per year. To further compli-
cate this, the lunar orbit precesses once every 18.3 years about the ecliptic
pole.
Daily launch window constraints are dictated primarily by the combination of
the choice of launch azimuth and the lunar geometry for that launch day. This
relationship is shown in Figure 4.3-6. To provide an optimum trans—lunar
insertion (TLI) maneuver from an Earth parking orbit, the Earth parking orbit
plane must contain the lunar position vector at the desired time of arrival at
the Moon. The transfer occurs in the vicinity of the negative of the lunar
right ascension and declination of the desired time of arrival at the Moon.
The vicinity is referred to as the lunar antipode. To achieve the required
TLI geometry in the presence of a rotating Earth, the launch azimuth at Cape
Kennedy must be continually varied in order to produce an Earth parking orbit
plane containing the lunar positive vector. Therefore, the limits on the
launch azimuth dictate the duration of the daily launch window. Launch azi -
muth restrictions are due to range safety considerations.
Examples of other constraints may be cited. Two more potential launch window
guidelines affecting the design of the daily launch window are the require -
ments for both a Pacific TLI and a daylight launch. 'These two requirements are
interrelated. For a given launch day and a fairly narrow range of allowable
launch azimuths for the Cape, two basic categories of TLI possibilities exist,
a Pacific Ocean TLI or an Atlantic Ocean TLI. These two categories refet; to
whether the TLI maneuver is made on the portion of the Earth parking orbit over
the Pacific Ocean as it ascends from southwest to northeast or over the general
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TADLE 4.3-2. SUMMARY OF LGO LAUNCH WINDOW CONSTRAINTS
Window Category Why Important
Mon th ly Window
Choice of month Lunar orbit precession
Mission profile Affects arrival geometry
Lighting at lunar arrival Sensor and power aspects
Ground station coverage Command and telemetry
Daily Window
Choice of day Lunar orbit phasing
Mission profile Affects arrival geometry
Ground station coverage Command and telemetry
Launch azimuth restrictions Limits lunar transfer
Launch vehicle ascent constraints Affects trans-lunar insertion (TLI)
options
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Figure 4.3-6. Daily haunch Window Geometry
vicinity of the Atlantic Ocean as the parking orbit trajectory descends from
northwest to southeast, as shown in Figure 4.3-7. For a given launch azimuth,
either of the two injection opportunities is available, but they correspond to
two significantly different launch times. These differences in launch time
range from nearly 24 hours to several minutes, however, the general case is
usually a 6- to 18-hour difference with the average being approximately 12
hours. If the two respective launch times differ by several hours, the proba-
bility is great that one will be a night launch and one a day launch. The
combination of thase two factors could be an important con>aideration in
launch planning.
v ►ACUK
INJOCIION
s
APIAn
INJICRON
Figure 4.3-7. Pacific and ,Atlantic Trans-lunar Injection
As part of the current study effort a software package that simulates the
Earth-Moon transfer trajectory has been developed. This Lunar Transfer and
Insertion Simulation Package was installed at RCA towards the end of the cur-
rent study and is now available for detailed investigation of launch window
constraints for specific launch dates. To begin its description, it was as-
sumed that there are four orbit adjustment maneuvers:
• dVl to inject into the trans-lunar ellipse
4 V2 to effect a plane change
• eV3 for lunar orbit insertion
• Q V4 to circulazize the insertion orbit
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It was assumed that the tranalunar injection occurs at the peri
geocentr ic transfer ellipse Pram low .Earth orbit. A mid-course V J_U..%-A ^44"&t,,c
at the point of minimum velocity allows insertion into a polar approach hyper-
bola. On arrival at the Moon the spacecraft is inserted into an elliptical
insertion orbit. The lunar insertion maneuver is performed at the perilune of
the approach hyperbola at the altitude of the mission orbit, 3.00 km.
The selected approach is one which has as its basis the patched-conic method.
The accuracy is greatly enhanced, however, by imposing corrections to account
for gravity perturbations on each 'basic conic trajectory segment. The compu-
tational procedure can be quickly summarized. To begin the sequence a geocen-
tric ellipse segment is generated between two points. This is called the
"Lambert calculation." An Eneke refinement follows, and a corrected or Encke
trajectory segment is produced. This correction allows an offset aimpoint in
the Lambert calculation which accounts for perturbations. Near the Moon, a
similar procedure is used in selenocentric space. The geocentric and seleno-
centric segments are fitted together At a "patch point" at the lunar sphere
of influence. This is accomplished by elimination of the velocity mismatch.
The geometrical relationships investigated using the program are depicted in
F , ,gure 4.3
-8. The output information consists of the histories of angles,
i .
	ranges, range rates,'eclipses and occultations, as well as the calculated AV
E r
	
	vectors and their times. A sequence of runs of the program for various total
flight times yields the minimum total AV. Some preliminary results are
presented throughout this section (i.e., Section 4.3).
4.3.3 Launch System Selection
The launch system performance requirement may be evaluated by reference to
either the launch energy, C3, for the trans-lunar trajectory or the AV re-
quired to inject from the park or boost orbit.
The value of C3 is indicative of the type of trajectory being used. Most
commonly, C3 is used in connection with interplanetary flight and has posi-
tive values. When C3
 - 0 this corresponds Co an escape (or parabolic) tra-
jectory. If C3 is negative in value, then it refers to an elliptical orbit.
For lunar flights, Earth escape is not necessary, and C3 has negative val-
ues. The associated range of values for minimum energy transfers is -2.1 to
-1.9 km2 /s 2 . This range is a result of the eccentricity of the lunar orbit
around the Earth. The value -1.9 km 2 /s2 corresponds to the higher energy and
higher AV than does -2.1 km2 /82 . In general, one can define C3 for LGO as
2	 2	 _ 2	 2UEC 3 =
v - vesc
- v	
r
where velocity, v, occurs at radial distance, r. For example, if C3 = -1.9
km2 /s2 , then the required value of v at 200 km altitude above Earth is 10.92
km/s. The AV to achieve this from a circular orbit is 3.14 km/s, which is im-
parted by the upper stage. The valuers of injection AV for LGO launches over
13 days through early September 1990 were computed and are shown in Figure
4.3-9 together with the corresponding values of the lunar orbit insertion
AVs.
The launch systems considered for the LGO mission were the same 14 considered
for the MGO mission and described in Section 4.2.3. The objective here is to
compare launch capabilities to required spacecraft mass as injected into the
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Figure 4.3-8. Geometry of Earth-Moon Transfer Investigated using RCA
Lunar Transfer and Ins6rtion Simulation package
trans-lunar trajectory. This includes the mission spacecraft mass plus the
lunar orbit insertion motor and adapters. Given the baseline spacecraft
configurations, the comparison leads to realistic launch options.
For the greater part of the current, limited LGO study the baseline spacecraft
body had conceptually grown from the size of DE (53 inches diameter) to that
of the current baseline MGO/LGO (72 inches diameter) in order to give more
solar power for MGO; but the decision to optionally replace the originally
baselined 16.5 inch diameter hydrazine tan%s, which would fit inside the 53
inch body, with 22 inch diameter tanks had not beci made. Accordingly, the
selection of the lunar insertion orbit (see Sections 4,3.6 and 4.2.6.2) and
the details of the mass history through the LGO mission, presented in Table
4.3-3, still include the viable option of using six 16.5 inch diameter hydra-
zine tanks. For this option, the corresponding EOL mass of the LGO used in
the launch vehicle selection calculations was 556 kg, which is actually 23 kg
less than the current baseline prediction for the EOL LGO mass. In fact this
could be taken account of by removing the HGA from the MGO/LGO baseline design
and using the fan beam antenna together with a higher power, amplifier, and by
the tact that the 16.5 inch diameter tanks would neigh less than the baseline
22 inch tanks.
4-55
NCD
^i
R3 i
CD
o
co
o^
Nla
00 Ul
N l u.
^Iq
cn
4
N ^
co h-
N^
 J
N
NN
m
;V
b
a
u
a
a
N
w
co
a
N
v+
a
a
d
a
'+
H b
0)
O G
•rl N
u ono
0)
H
ai
N
a as
M
Al
N
W
OF POOR QUALITY
J ^'
ao
$ a
4
ti n
'Q h_
NG
k
U
a
U C
O a
ti u
LU
Z C
LL
J L
a 2
^ Q
t
(S/W>I) 11980 >IHVd '1'ld
W>l OOZ WOH^ N01103f NI 800 AV
(S/W>I) 3Nnild3d II
W>I ool 1d 3Z1>ibinouio 01 n v
4-56
ORIGINAL Pick4 -" I^**,
OF pooR QUALITY
w.r
Q
V
rn
!-1
rr
C!1
M
M
---
4~57
D
^{ p
w M fY
^u^w
N N
b a
W	 w{^~ C 1WA	 N	 W
•
n H h .QK	 9•	 tQ Cn	 h n ^^
n
o
 Vt 9,AQ is w	 N p N
vo
^p	 N h !"t ".Y r+ ,N^	 Q	 In N	 w a^ M
ttVV H ^ ^ •
a
^ ^M,,, N EZ
Q ^7
W W d
HCiRj` f'1^ M• Yro
i^ ca	 . a	 N ^"t
`It	 N	 ^
N	 N 1 i	 1 I 1 1 1 I	 tv	 •
W	 ^
pS i Q	 IQ•iw N	 illAd ^.ai
tp 60pt^ 'N
W	 a ^	 ^7
m
1-4 '^,
41n
M N
N
4
M	 w	 w 41
Y
^1
^ pb ^ iW
H	 t1.
to
M M
^
M M 1•Fryry
t+
Q.a"
N+ a+
b
W	
N	 N 1 1	 I I 1 ! I 1 m	
O•M-
i7^ U
W
h
H a pqQ a
^t;1 SNN
r1 N iMM¢ N
b
w "	
u 
vi b q ,es
N
a 
µ N
K1	 w	 b
N
h	 W	 I
N
f 1	 1 1 f	 1
f,	 N
•
1
^+	 M
fr
prj
i.l	 U
b	 N
,a
^
c • CQ Q. ^" W M ^'	 W M	 n w	 W
ra 
a CQ	 'N p. 'np 	 ~	 L16	 N
,^ ^!	 p	 sC
y	
w	 ^y
a'^ t 	 iu
V M Ll	 iQ yl
r.N
N
"^ CD	 w 0 10 '
	 A	 N	 1 1 1	 1 ! ! 1
W
Mkh
	 rty M Q
1d	 ei
Q
N N	
W IT
•N	 •tlN	 N
YR	 ^ N A' k N
	
QS	 p	 a.+
^
•
iN
rl	
ro	 Q
fll ^ N
r+"
^
ar	 a
^ "ri
	 irHr
4u
K
Ij
u	
Aj
a '"^ V
 ;~
D G
U
y pa
iu	
W  h
R 	 Ca	 re k	 fA a R
N	 ua	 a	 N
^
W
Ca
I	 $ Q qi rA H	 c^ N%N D 'r 	 a	 cro	 a
C	 w a
u	 aiV N y p A7 O O ^ N b roreHtuQ 1tq
p 	¢u
,
ii'i
(^y
Yi	QyQ.H N
4-55
The optional LGO configurations prevented in Table 4.3-3 feature launch throw
masses in the range 946-1086 kg. The launch vehicle adapter was sized conser-
vatively at 70 kg. For options A through D, the total hydrazine requirement,
corresponding to the specified total post-injection AV requirement of
935/1005 m/s, is in the range 297-365 kg. For option E, the specified AV
allowance of 100 m/e for launch vehicle error corrections and lunar targeting
translates into a hydrazine usage of 38 kg for the 877 kg trana-lunar injection
assembly; a lunar injection orbit of 100 x 4000 km altitude suitably matches
the assumption of 16.5 inch diameter hydrazine tanks; the corresponding OIM is
a Star 17A with 3% propellant augmentation, a launch mass of 129 kg and an OIM
adapter mass of 25 kg; circularization of the insertion orbit accounts for 106
kg of hydrazine; and the specified total AV of 100 m/s for mission-orbit
m gincenance and orbit adjustments accounts For another 25 kg of hydrazine; it
may be seen Oat the total hydrazine load of 169 kg closely appromches the
maximum capacity of the six 16.5 inch diameter hydrazine tanks, U180 kg
assuming a 5:1 blow-down ratio. It was considered that hydrazine necessary for
attitude control through the mission is included in the two JPL-specified AV
allowances of 100 m/s each.
The match of the calculated optional throw masses for LGO with the planetary
performance cu.;:ves of the closest matched of the 14 candidate launch systems is
shown in Figure 4.3-10. The optional baseline LGO payloads described in thii
section may be launched very efficiently by the Delta 3920/ PAM-D combination
or its expected, more powerful development versions. It may be seen from the
figure that the currently promised performances of the STN/PAM-D2 combina t ion 19
inadequate; but it should be borne in mind that 15 -20% growth in this payload
capability is envisaged.
In comparison, it may be seen that the relatively low values of C3 for the
LGO mission allow smaller launch vehicles and stages than those necessary for
the MOO mission.
4.3.4 Launch Phase
The LGO spacecraft and its optional solid rocket OIM will be boosted from the
Kennedy Space Center by the Delta 3920 or the Shuttle into a circular parking
orbit, followed by injection into the translunar trajectory by the PAM-D/D2.
Since there are no tightly constrained bi-annual launch windows as in the MOO
case, the lunar mission has significantly more flexibility from a programmatic
and STS operations point of view. Launch parameters do vary slightly through-
out the month for the minitaum energy }earth-Moan transfers which are those at
low inclinations to the lunar orbit. Values of C3, AV rand, consequently,
the net orbited mass vary accordingly. For example, C3 varies within the
approximate range of -2.15 to -1.95 km 2/s 2 . For the launch of an expend-
able launch vehicle (SLV) such as the Delta 3920, the timing of the ascent and
insertion into the parking orbit and the velocity of injection into the trans-
lunar trajectory may be varied independently to match the launch parameters.
Some of the flexibility might be lost with a shared STS launch; however, the
details of the mission timeline must be assessed before the effects of any
possible constraints can be evaluated.
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The use of the Delta 3920/PAM-D or STS/PAM-D2 launch systems imposes more
constraints on the LGO design than the STS/IUS-1 does on the MGO design. In
view of the smallness of the margins in throwmass shown in Figure 4.3-10,
weight control will have to be very strict. An all other counts, the LGO will
be entirely suited to a PAM-D/D2 injection because of its origins in DE and
AE. The diameter of the main body of the LGO is 72 inches, and this, plus the
extra width of appendages such as the HGA, is comfortably accommodated inside
the Delta fairing, the diameter of which is 84 inches. Compatibility with the
Delta and PAM-D/D2 acceleration levels and spin rates exists through design
heritage. The PAM-D/D2 will probably spin at 40 rpm.
Attitude control through burnout will be achieved by the Delta 3920 and by
spin stabili.zatiji^ of the PAM-D/D2. The momentum wheel will be spinning for
the entire mission from before lift-off, however, for reliability.
The Sun-spacecraft-Earth angles at injection, i.e., on deparLuee from Earth
orbit on the trans-lunar trajectory, over a period of 13 days through early
September 1990, were computed and are shown in Figure 4.3-11. This figure
immediately shows whether the injection is sunlit or dark.
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The Earth to Moon transfer phase of the mission consists basically of a "coast-
ing" trajectory =: utirely within the gravitational spheres of influence of the
Earth and the Moon. The trajectory has been discussed in Section 4.3.2. It
may be shown by simulations, using for example the RCA, Lunar Transfer and
Injection Software Package, that for the minimum energy transfers, the trans-
fer time is approximately 115 hours, i.e., 4 days, 19 hours.
The values of the inclination of the transfer trajectory with respect to the
orbit of the Moon around the Earth, For launches over 13 days through early
Septemiter 1990, were calculated and are shown in Figure 4.3-12. The low
inclination solutions only are shown.
8/20 8/21 8/22 8/23 8/24 8/26 8/26 8/27 8/28 8/29 8/30 8/31 9/1
	
e/2
ARRIVAL MONTH AND DAY OF YEAR 1990 (0900 HR GMT)
Figure 4.3-12. Inclination of LGO Transfer Orbit Relative to Orbit Plane
of Moon Around Earth for haunches Between 8/20/90 and 9/2/90
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Following closely after burnout of the PAM ­D/D2 the trans-lunar spacecraft
will be separated from the spent PAM-D/D2 and the launch adapter. The space-
craft will then be despun to a very low body-rate, using the on-board hydra-
zine RCS, before significant notation develops. The momentum wheel will be
left spinning and will contain >90% of the angular momentum of the trans-
lunar a+^asembly.
Attitude determination and control for the rest of the mission, except clt,a;ing
the LOX maneuver, will be achieved by the spacecraft using its sun sensors,
stair sensors, gyro package, momentum wheel and hydrazine RCS thrusters. The
monentum biaa mode will be employed to provide gyroscopic stability during
the transfer phase without concern for the build-up of nutation.
The JPL-specified AV Allowance of 100 m/s For maneuvers during the Earth-Moon
transfer has been incorporated into the baseline mission design. As shown in
Table 4.3-1 1
 this GSFC LPO study estimated the launch vehicle error correction
maneuver AV in its baseline mission to be <84 m/s with 99% ,probability for
a Delta 2914 launch vehicle. The 100 m/s all.;.wance will probably also com-
fortably cover spin-up and -down and attitude control, maneuvers. The base-
line mission design features one or two mid-course targeting maneuvers with a
total AV e7 in/a. Refinement of these current estimates mrey be made shortly
when the'ROA Lunar Transfer and Insertion Simulation Package (see Section 4.3.2)
is fully operational. The. mass of hydrazine corresponding to a AV of 100 We
for the trans-lunar injection assembly
 iA between approximately ll and 44 kg
for the five LGO options tabulated in Table 4.3-3.
4.3.6 Lunar Orbit Insertion
":. eral hours before lunar orbit insertion, the LGO will be reoriented using
„s:e^;precession thrusters of the on-board hydrazine RCS so that either the OIM
Sri the large (22.3 N) thrusters of the all-hydrazine RCS are aligned with the
necessary LOX thrust vector. The realignment maneuver will be performed open
loop and a trim maneuver then made under ground command. The realignment will
be performed early enough that thorough verification of its accuracy may be
made using the on-board attitude determination system.
Also prior to LOT, i.e., if a solid rocket OIM is used, its temperature will be
assured at the preselected value, posoibly through the use of heater elements,
as indicated by the full thermal analysis that will be a subject of a detailed
follow-on LGO study. Also in this case, immediately before LOI the LGO will be
spun to .60 rpm, using the on-board hydrazine RCS, in order to stabilize the
alignment of the OIM thrust vector. In the case of an all-hydrazine RCS, the
body rate will be held at zero, the spinning momentum wheel providing gyro-
scopic stiffness.
The Earth departure geometry, timing and injection AV determine the Earth-Moon
transfer trajectory. This in combination with the mid-course corrections
determines the arrival conditions at the Moon.
Before entering the gravitational sphere of influence of the Moon, the space-
craft has an approach velocity relative to the Moon. As explained in S;3tion
4.2.6.1 for MGO, therefore, the LGO will have positive energy in the lunar
reference frnme and will follow a planar, hyperbolic trajectory around the
Moon unless it is targeted to impact the Moon or is acted upon by the RCS.
The deflection angle between the approach and departure assymptotes depends
upon the closeness of approach to the Moon.
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In the baseline mission options, the LGO will be targeted so as to have a
hyperbolic periapsis altitude of 100 km at the Moon. At the periapsis point,
the LGO, presligned or prealigned and spun as described previously, will be
injected into a lunar insertion orbit by means of either the on-board hydra-
zine RCS or a solid rocket motor, The insertion orbit will be coplanar with
the hyperbolic approach trajectory which will have boon arranged by mid-courod
targeting to produce a near-polar orbzt F probably at approximately 85° or 950
inclination for the baseline missions.The approach trajectory, accordingly,
will be targeted over either the North or South po'tar region of the Moon; and
there will be an accompanying choice to be made between ascending nodes
approximately 180° apart.
A schematic illustration of the LOT geometry is shown in Figure 4.3-2,
The selection of the elements of the lunar orbit insertion involves the careful,
matching of many constraints and requirements such as arrival geometry (see
Section 4.2.6.1), propulsion system type(s) and capability, mission science
requirements, spacecraft requirements (e.g., orientation of the attitude deter-
(	 mination sensors), etc, The similar interactive process for the MGO is
illustrated in figure 4.2-10.
The feasible orbit insertion scenarios, while differing widely between them-
selves, are all very sensitive to the choice of the interplanetary transfer
trajectory and the performance capabilities of the on-board hydrazine RCS and
tile available solid rocket orbit insertion motors (OIMs),
In the baseline mission there is a choice available between (a) a wholly
hydrazine on-board RCS identical with that baselined for MGO, i.e., with six
22 inch diameter hydrazine tanks, and (b) a hybrid RCS incorporating a solid
rocket OIM, such as the Star 17A for LOI, and an on-board hydrazine RCS with
16.5 inch diameter tanks for orbit circularization and maintenance: and for
mission maneuvers.
li;like the result found in the current, MGO study, the use of a wholly hydra-
zine on-board RCS does not necessitate the design or development of a new
stage.
These two baseline RCS options were chosen over other candidate RCSs, solid
plus bipropellarit and wholly bipropellant, on grounds of hardware mass, system
simplicity, handling ease and development cost. Between the baseline options
the all-hydrazine system would be preferable. It allows the gamma ray spec-
trometer to be calibrated either along the Earth-Moon transfer trajectory =see
'later in this section) or following LOX if desired,, is the same RCS as the on-
board RCS for MGO, and is the least complex and, therefore, most reliable and
least expensive design.
The LGO design option incorporating an all-hydrazine on-board RCS features a
very great advantage, which is that the gamma ray spectrometer and magnetom-
eter booms may be deployed either prior to LOX or in a lunar insertion orbit
with an almost arbitrarily high apolune. Consequently, the gamma ray spec-
trometer may be deployed and calibrated along the Earth-Moon transfer , trajec-
'	 tory, and the altitude i:^ the apolune o f the lunar insertion orbit need not
necessarily be maximized as it must be if a solid rocket OIM is used. De-
tailed simulations of the LOX maneuver, a possible subject for a follow-on LGO
study, would determine the optimum insertion strategy, In the current
baseline mission design for an all hydrazine RCS, direct insertion into a
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circular orbit at 100 km altitude is assumed. The baseline all-hydrazine
on-board RCS features two 22 ► 3N (5 lb f) main thrusters for LOI. Since the
lunar approach mass will be 9840 kg, the LOI deceleration will be <0.053
m/s 2 , i.e., <5.4 x 10`38, which is compatible with the deployed booms.
The burn duration, t, for this hydrazine LOX may be established from the
equations
M
t
	
p
m
ri► 	 T
I g
sp
where M  = mass of propellant used in maneuver
to = rate of use of propellant
T = thrus t
Is p = specific impulse of propellant-engine combination
g = acceleration due to gravity at sea level
'	 and pointing and gravity losses are neglected,
Since M.P
 <290 kg for insertion into a 100 x 100 km insertion orbit, t <245
minutes. This burn time is clearly very long compared to the 22 seconds for a
Star 17A solid OIM, but it is perfectly compatible with the baseline mission
design. The LOI maneuver will be planned accordingly, rather than for an
impulsive LOI. In fact, by breaking the LOI into a group of smaller hydrazine
burns the velocity may be almost continuously checked and trimmed, allowing
great accuracy to be achieved in the lunar orbit insertion maneuver.
On the other hand, for the LGO option incorporating a solid rocket OIM the
booms could not survive the LOI maneuver in their deployed state. Consequent-
ly, the booms will have to be deployed following the LOI maneuver and the gamma
ray spectrometer calibrated at the apolune of the elliptical insertion orbit.
Accordingly the highest possible apolune is desired. The height of apolune is
limited by the capability of the on-board hydrazine RCS which must subsequently
perform the circularization and mission maneuvers. Six 16.5 inch diameter
tanks used in a system with a 5:1 blowdown ratio have a capacity of 180 kg of
hydrazine. The longest possible lunar insertion orbit suited to this hybrid
propulsion option is approximately 100 x 4000 km altitude, as may be seen in
column R of Table 4.3-3 in which the total hydrazine requirement is 169 kg.
Typical orbit insertion AV requirements are plotted versus apolune altitude
in Figure 4.3-13. The paired values of LOI and subsequent circularization
AVs corresponding to several apolune altitudes in the range 100 -- 5000 km are
shown in Table 4.3-•4.
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reigure 4.3-13. Typical. Orbit Insertions AV Requirements
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TABLE 4.3-4. LUNAR, ORBIT.° INSERTION AND CIRCULARIZATION OVs
Apolune Altitude
(km)
Lunar Orbit Insertion AV
(m/s)
Circularization AV
(m/s) 
100 805 0
500 740 78.1
1000 650 153.2
2000 530 257.5
3000 460 326.8
4000 415 376.3
5000 380 413.4
Arrival Hyperbolic Perilune Altitude = 100 km
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Table 4.3-3 shows that a good choice for the solid rocket OIM, for the
option with a hybrid RCS launched by Cie Delta 3920/PAM-D or STS/PAM-b
the Star 17A with s0% propellant augmentation, or otherwise an offloaded
Star 20. After a 115 hr trans-lunar transfer, the AV re quirement for in-
sertion into a 100 x 4000 km orbit will be N415 m/s which correspoAds to
115 kg of solid propellant with an la p of N293s.
Finally, the values of three pertinent angles at arrival hyperbolic perilune:
• Earth-spacecraft-Moon
• Sun-spacecraft-Moon
• Sun-spacecraft-hyperbolic velocity
for launches ever 15 days through early September 1990, were computed and are
presented in Figure: 4.3-14. It may be seen from the lower curve o" this
figure that within the period shown, the launch window for the LGO option in-
corporating a hybrid RCS starts on the last day, i.e., 9/4/90. For a launch
on that date, the corresponding orientation of the LOI vector, which will be
parallel with the spin axis of the insertion stack, begins to be such that the
Sun will be in the hemisphere scanned by the LGO Sun sensors and that the
hemisphere scanned by the star scanners will be dark. On the other hand, for
the LGO options with an all hydrazine RCS, the necessary orientation of the
LOI thrusters is such that the Sun and star scanners will be well oriented for
all values of Sun-spacecraft-hyperbolic velocity more than a few degrees away
from 0° and 180°, i.e., for all of the launch dates shown in Figure 4.3-14.
4.3.7 Orbit Circularization
Following LOI the LGO option incorporating a solid ON will be quickly despun
to <4 rpm, using the on-board hydrazine RCS, before significant nutation
builds up. The spent OIM will then be jettisoned. The spin axis will then
be precessed until it is normal to the orbit plane so that the spacecraft
orbits the Moon in the cartwheel mode for good attitude sensing. In this mode
the gamma ray spectrometer and magnetometer booms will be 4eployed and the
spectrometer calibrated at apolune.
For the LGO option featuring a solid OIM, and also for the all-hydrazine
option if a direct insertion into a 100 km altitude circular orbit is not
made on LOI, the next maneuver is orbit circularization at 100 km altitude.
This is performed by the on-board hydrazine RCS on successive perilune passes,
under ground command.
The orientation of the spacecraft for these apolune-lowering i.aneuvers will be
held under pitch-lock control so that the total thrust vector from the two
large (22.3 N) hydrazine REAs is antiparallel to the elliptical-orbit velocity
around perilune. The momentum wheel will be spinninE, with AU 	 of
the angular momentum of the spacecraft, to provide gyroscopic stiffness
throughout.
The AV necessary to circularize an elliptical orbit around the Moon, with a
perilune altitude of 100 km altitude, at 100 km altitude is related to the
apolune altitude, h a , by the expression
AV =	 2 Q
	
1p (1838 11.631 10003576 + ha
r
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Figure 4.3-14. LGO Arrival Hyperbol c-Perilune Geometry
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where
AV is in m/s
uQ a 4887 km3/s2
'	 ha	 apolune altitude in km
Determination of the baseline circularization AV is a function of the space-
craft propellant capacity, other AV budget items, and the solid orbit inser-
tion motor, as described in Section 4.3.6. Example values of the circulariza-
tion AV, for apolune altitudes in the range 100-5000 km, are shown in Table
4.3-4. The values shown range between 0 and 414 m/s. As a specific example,
it may be seen from Table 4.3-3 that, for the baseline LGO option with a hybrid
RCS, the circularization AV is 376.3 m/s, corresponding to the starting
apolune altitude of 4000 km, and corresponds to the usage of 106 kg of
hydrazine.
The intermediate orbit achieved after each perilune burn will be monitored on
y'
	
	 Earth by ground tracking. The mission orbit, therefore, will be achieved very 	 A
efficiently and as accurately as desired.
k
4.3.8 Mission-Orbit Phase
	
1t
4.3.8.1 General Description
Once the LGO is in its mission orbit, pitch lock will be obtained so that the
spacecraft orbits in the cartwheel mode at 1 rpo with the imaging sensors
continuously nadir pointing. The high gain antenna will then be deployed. The
HGA will then acquire Earth pointing through the use of the same baseline and
backup ;chniques described for MGO in Section 4.2.9.
Attitude maintenance during the one-year mission life will involve only minor
impulses for counteracting the small perturbations due to solar pressure and
RCS thrusting.
The LGO orbit is virtually inertially fixed, with no significant nodal preces-
sion occurring, as shown in the example orientation of Figure 4.3-15. Accord-
ingly, there is no practical possibility of a Sun-synchronous orbit. As
another consequence, the spinning spacecraft will be precessed, using the on-
board RCS, so that the spin axis is flipped through 180° in yaw once or twice	 F'
during the one year long baseline mission so that the Sun and star sensors will
	
k
always have a view of their reference bodies.
4.3.8.2 Lunar Orbit Stability and Maintenance
A key question in the final selection of a lunar orbit for LGO is that of sta-
bility. This is particularly true of low altitude orbits. All low altitude
orbits are unstable due to the extreme anomalies in the lunar gravitational
field. The resulting effect is that eccentricity increases rapidly while the
orbital period remains constant. This corresponAs to a lowering of perilune
and raising of apolune. If not corrected periodically, the perilune altitude
would go to zero and lunar impact would occur. Present models of the lunar
gravity field differ drastically, causing great difficulty in predicting tine
frequency and magnitude of corrections. Thus, the preliminary design study
should pursue a bounding of the problem in term,; of correction frequency and
impulse requirements.
a
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A great deal of numerical work has been done on the simulation of lunar polar
orbiter lifetimes by NASA Goddard (Lunar Polar Orbiter Interim Technical
Report, X-703-75-141, May 1975). The gravitational model used is the JPL
(15, 8) model, which represents one of the best descriptions of the Moon's
gravitational field available. However, since some of the higher order terms
have standard deviations of uncertainty as large in magnitude as the terms
themselves, and since a number of these higher order odd harmonics are nearly
as large as some of the low-order terms, the predictions of orbit lifetime
determined through the use of this model should be regarded with caution, par-
ticularly for low altitude satellites like LGO. For example, the magnitudes
of the odd harmonics of the gravitational potential field significantly affect
the calculated lifetimes of lunar satellites.
The orbit propagation technique uses an orbit averaging method in the MAESTRO
program. Input orbit-elements are numerically integrated over one revolution,
and averaged orbit-elements are then calculated from this initial orbit. The
process is then restarted with the averaged elements, but now zhe averaged
elements are used to predict the orbit elements, again averaged over a revo-
lution of the satellite, at some time in the future. This process is much
more rapid computationally than a direct propagation of the orbit through
point-by-point numerical integration.
In the Goddard study a number of orbit elements were varied, i.e., semimajor
axis, eccentricity, inclination and longitude of the ascending node of the
initial orbits. The semimajor axes chosen were l78$, l8s, 18s8, 1938 and
2038 km. These values correspond to mean altitudes of the satellite above the
lunar surface of 50, 75, 100, 200 and 300 km, respectively. Up to three ini-
tial eccentricities were chosen for each value of the semimajor axis; these
were chosen to produce initial perilune heights of approximately 50, 75 and
100 km, where possible. The range of inclinations of the plane of the orbit
extended from 80 0
 to 100° in 5 0 increments for the smaller three values of
the semimajor axis. All orbits were calculated as starting on June 6, 1979.
Since the southern and northern approaches to the Moon limit the longitudes
of the ascending node to a range near 90° and another near 270 0 , only these
two values were used. The initial true anomaly and argument of perilune were
chosen to be zero in all cases. Thus, for each value of the semimajor axis,
as many as 30 different combinations of the initial orbit-elements were inves-
tigated.
All of the initial orbits examined for the three lower values of the
semimajor axis evolved such that the satellite impacted the lunar surface
within one year after being launched. Many of the initial orbits examined
for the two highest values of the semimajor axis were still in orbit at the
eud of one year, the limit of the propagation. In all cases, the semimajor
axis of the initial orbit remained relatively constant during the satellite
lifetime, but the eccentricity of the orbits increased until the radius of
perilune was less than the radius of the Moon. 'Aia eccentricity varied in an
irregular manner from orbit to orbit but exhibited an overall secular increase
which became more rapid as the value of the eccentricity increased. As might
be expected from this observation, larger initial eccentricities resulted in
shorter satellite lifetimes, assuming all other parameters remained unchanged.
On the other hand, larger initial semimajor axes resulted in longer satellite
lifetimes.
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The lifetimes of the satellites also tended to increase pia the inclination of
the initial orbits increased or decreased from a value of 90°. However, these
increases in lifetime with changing inclination were not universal, and wide
variations in lifetime with smoothly changing inclinations were found. The
inclinations themselves were quite stable over the orbit lifetimes, however.
r1	For the LGO case the factors of interest are inclination, initial circular
altitude, and time until impact and until 30 km altitude. Results for these
cases appear in Table 4.3-5. An initial altitude of 100 km is assumed in all
cases. The value of longitude of ascending node in combination with in-
clination appears to be very important. It would seem that an inclination of
85° or 95 0 is preferable. With proper selection of these parameters, it is
reasonable to expect three-month intervals between orbit maintenance maneu-
versa
TABLE 4.3-5. LGO LIFETIME PREDICTIONS
Inclination
Longitude of
Ascending Node
Days Until
Impact 30 lcm Perilune
(degrees) (degrees)
80 90 61 51
85 90 83 56
90 90 41 29
95 90 237 128
100 90 37 12
80 270 37 22
85 270 98 71
90 270 40 29
95 270 168 87
100 270 52 45
The baseline LGO mission orbit is nominally circular at 100 km altitude and at
an inclination of either 85° or 95°. A preliminary analysis by JPL indicates
an orbit evolution to a 50 x 150 km altitude orbit in approximately three
months. Thus, at least three circularizations are needed to ensure a one-year
mission life. The orbit will decay progressively after the final recircular-
ization and impact the surface of the Moon between three and six months later.
Each recircularization at 100 km altitude, starting in a 50 x 150 km altitude
orbit, entails a two-burn process requiring a combined AV of 22.6 m/s.
It should be noted that much more frequent orbit reci.rcularizations, to cor-
rect for slighter orbit decay, wov,ld be equally simple to effect.
4_71	 t^^`^HGN^l9t' L P1I^'Le j^j
OF POOR QUALITY
Tile AV allowance for orbit maintenance suggested by JPL in the LGO Reference
Data Package is conservative at 100 m/s for the one year duration of the base-
line mission. llais corresponds to a hydrazine expenditure of 25-30 kg for the
baseline spacecraft, as shown in Table 4*3.3.
4.3.8.3 Lunar Surface Coverage
Science coverage of the lunar surface will depend upon the orbit-maintenance
strategy employed. If the orbit is allowed to decay to relatively elliptical,
orbits (e.g., 50 x 150 km altitude.) between propulsive recircularizations at
100 km altitude performed at intervals of several months, then a significant
fraction of t;he surface could be covered from below 100 km. This a4rategy may
be attractive from a scientific viewpoint. Alternatively, .frequent circulars-
zations could easily be made in order to preserve a nominally circular orbit
since the RCA LGO will orbit in a nadir-pointing cartwheel mode, and variable
pitch-offset control to allow reatrofiring and boost AVs is easy with the
AC/UC based spacecraft design,
Surface coverage will be almost complete for orbit inclinations only a few de-
grees away from 90°, though if the orbit inclination were 85 1 or 95°, for
example, the P poles would never be passed over directly. A mission phase At
a precise=ly polar inclination could be included in the mission design to pro-
vide polar coverage, though a m p.As penalty would be incurred due to the naces--
sary hydrazine used to effect the plarv q
 change. Pending the resulLs of a
future detailed LGO mission-orbit simulation, it may be said that it is
feasible* that inclination changes may be desirable for orb it maintenance or
science return objectives. Tile AV required .for changes of ti5 a is about 28.5
m/s for each degree of change. This is approximately equal to the excess of
the APL-specified baseline allowance of 100 m/s for the mission orbit phase
over the 67.8 m/s required for three recirculariaations to 100 km alti. ,ode from
$0 x 1;50 km altitude orbits (see Sectioaa 4.3.8.2). Any addithionel AV allowance
for the: mission orbi=t phase will, result in higher launch throw masses than
those shogun in Table 4.3-3 and will potentially lower the capability of the
on-board hydrazine RC$ for cirularizing an elliptical insertion orbit produced
by a (larger than baseline) solid rocket 6M.
The baseline LGO orbit will be almost inertially fixed and have a period of
close to 2 hours (1 hr 58 min). The Moon revolves on its axes At X0.5° per
hour, The nodal precession rate of the LGO, therefore, will be ul° per
orbit period. Tile full extent of the baseline coverage of the lunar surface,
therefore, will be achieved with longitudinal spacings of til° within
approximately 14 days, half the period of revolution of the Moon on ?its axis.
4.3.8.4 Earth Communications
Low data-rate communications, e.g., for commands, will be possible through the
Omni antenna and also through the fan-beam antenna, provided that the space-
craft is oriented so that the fan-beam icatearsects the Earth.
For the baseline spacecraft, however, high daataa rate communicaat ions I e.g., for
the regular data dumps, must be performed using the IiGA. An alternative,
weight-saving design would dispense with the. EGA and use only the .fan-beaam
alnte nnaa with a higher power amplifier than in the baseline design. This
alternative would generally necessitate reori.e^ntnti,on of the spacecraft for
communications through the fan-beam antenna so that the .fan-bealn would inter-
sect the Earth.
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For the baseline spacecraft it may be seen from the orbit geometry that the
1iGA tracking will consist of rotation of the dish about the pitch Axis at 1
rpo with a roll-yaw offset which varies slowly From !tour to hour,
As described in Section 4.2.10, the programmable body pitch offset capability
of the baseline MGO/LGO spacecraft serves as a backup for affecting rotation
of the HGA about the pitch axis.
Due to the motions of the Moon on its axis and around the Earth, the ground
track of the LGO in the baseline lunar orbit at 100 km altitude will advance
westwards at the rate of approximately 1.1 deg/rev.
The Moon, however, perpetually presents almost the same hemisphere to th6
Earth. Only small lunar librations, or apparent rockings, of 4*7° from the
mean orientation occur. The librations result from two main causes.
The geometrical libration in latitude arises from the tilt of 6.5° of the
Equator of the Moon from the plane of its orbit around the Earth. The poles
of the Moon, therefore, are tipped alternately towards and away from the Earth
in a monthly cycle.
The geometrical libration in longitude is due to the eccentricity of the orbit
of the Moon around the Earth. The rotation of the Moon on its axis is uni-
fo;^m, but its nrgular velocity arnun its orbit is not since the Moon moves
faster near perigee than near apogee. Consequently, from Earth approximately
7.75° more of the surface of the Moan can be seen beyond the limb of the mean
visible hemisphere.
Further, there is a rocking, or "physical libration," caused by the attraction
of the Earth on the long diameter of the triaxial ellipsoid figure of the
Moon.
These small librations apart, therefore, the LGO orbit will be seen from the
Earth to process westwards across the visible face of the Moon in about:. 14
days.
One baseline option regarding orbit maintenance is to keep the mission orbit
circular at 100 km altitude. Another option is to allow the the ellipticity
of the orbit to increase to the point where the a+polune and perlune altitudes
are about 150 km and 50 km respectively before recircularization. Correspond-
ingly, as seen from the LGO, occultation of the Earth by the lunar limb will
occur for WO-Earth vectors further then 113"-103.6 0 from the zenith.
Consideration of these angular limits shows that for some orbits, whose planes
lie approximately perpendicular to the Moon-Earth line, there will be no oc-
cultation of the Eatcth by the Moon. Vor such orbits, the greatest departure
of the LGO-Earth vector from the local LGO zenith will occur when the LGO is
on the far side of the most distant of the two lunar poles from the Earth, and
wa.11, be about (90 + 7 + 5)° a 102°. Igor most orbits, however, communications
will be restricted by occultation of the Earth by the Moon; and this restric-
tion will occur throughout the entire 360° range of azimuths with respect to
the LGO.
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The LGO will be held nadir pointing by virtue of continuous control of its
pitch offset at the orbital rate. The solid angle swept through by the LGO-
Earth vector for all communications opportunities, therefore, is that bounded
by a cone of half angle 173 0 -103.6 0
 (depending ou LGO altitude) as measured
from the zenith direction. This is represented in Figure 4.3-16. A precise
investigation of HGA painting would be a subject of a follow-on LGO study.
ZENITH (YAW AXIS)`
Figure 4.3-16. Solid Angle Swept by LGO-Earth Line
A 180 0
 pitch offset maneuver will be made for HGA communications wherever
necessary for the HGA beam to clear, the body of the spacecraft.
4.3.8.5 Occultations and Eclipses
The history of the visibility of the LGO from Earth was simulated in the GSFC
LPO study. For circular polar orbits at 100 km altitude, it was found that
periods of occultations for all locations on Earth constitutedv25% of the
mission, with the longest occultation lasting NO.8 hour. Results for
partial occultations (i.e., occulted for only part of the Earth's surface)
and results for slightly decayed elliptical orbits were very close. The
visibility depends upon the inclination of the orbit and the right ascension
c.f the nodes with respect to the Earth-Moon line.
Finally, the phenomenon of solar occultation for the LGO is similar to that of
Earth occultation. For the baseline circular polar orbit, the LGO will be in
umbra for an average of N37% of the time, with the longest period being for
ti0.8 hour. Extension of these results to include time in the penumbra
results in virtually insignificant differences. The duration in shadow will
vary smoothly through the year since the angle between the orbit normal and
the Sun varies smoothly at a rate just a little slower than 1° per day. For
orbits at 100 km altitude, shadow-free periods of N35 days will occur twice
per year at half yearly intervals, interleaved With periods that include the
longest time in eclipse when the line of nudes is parallel to the Sun-Moon
line. in addition, the .LGO will be in darkness during eclipses of the Moon by
the Earth. The dates and durations of partial and total eclipses of the Moon
from August 1988 through December 1993 are shown in Table 4.3-6. The longest
4--74
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TABLE 4.3-6. DATES AND DURATIONS OF LUNAR ECLIPSES
Date
Partial Eclipse Duration
(minutes)
Total Eclipse Duration
(minutes)
8/27/88 122 -
2/20/89 212 76
8/17/89 220 98
2/9/90 204 46
8/6/90 174
12/21/91 70
6/16/92 174 -
12/9/92 212 74
6/4/93 220 98
11/29/93 206 50
total eclipses last for 98 minutes and the longest partial eclipses for 220
minutes. If necessary, data transmission to Earth will be curtailed so that
the LGO will survive these eclipse periods on battery power. Since operation
in the shadow of the Moon for approximately half of each orbit for most of
the year is part of the baseline mission design, there are no design-driving
power and thermal impacts of lunar eclipses.
I
4-75	 q
)y

iSECT ION 5.0	 ()JJI ;jj^^^cAL r^^a c 6^^'
PROPULSION SUBSYSTEM	 qF po on QUALITY
The MGO propulsion subsystem is a single-stage hydrazine blowdown configura-
tion consisting entirely of flight-proven hardware. The system is designed
to deliver 450 kg of hydrazine in a 5°-to-1 blowdown ratio for the following
attitude- and orbit-control functions: span-rate control (spin-up and
desp gn), orbit injection error correction, mission maneuvers, momentum
management, precession maneuvers, attitude control, and end-of-life orbit
adjust.
The proposed propulsion subsystem is shown schematically in Figure 5-1. All
components are fully redundant and the design provides for selective isolation
of any element by ground command, thus yielding a subsystem with no single-
point failures.
5.1 SUBSYSTEM CONFIGURATION
To provide the required thrust levels, the baseline subsystem provides 10 roc-
ket engine assemblies (RRAs). Two of the RCAs are rated at 22.3 N (5 lbf).
These engines are canted relative to each other, but the thrust vector of
each REA goes directly through the spacecraft center of mass. These two REAs
may be used as a pair or individually. Their primary use is for lnrge
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Figure 5-1. Propulsion Subsystem, Schematic Diagram
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4V maneuvers such as for orbit lowering from the initial, Mars insertion orbit
to the circular, Sun-synchronous mission orbit at 350 km altitude, and for
raising the orbit at COL.
Eight 2.23 N (0.5 1bf) REAs are provided for spin avd precession maneuvers.
They are capable of performing all orbit-adjust and attitude control functions
that will be required throughout the mission. The locations and functions of
the thrusters are shown in Figure 5-2. Note that the field-of-view studies of
Section 3 do not include the thrusters. All engines are provided with a redun-
dant, backup REA that can be used for the required maneuvers.
In like manner to AE, the hydrazine is stored in six propellant tanks, which
are divided into two independent half systems. Each half system maintains a
uniform pressure and can be used independently of the other half system. Each
22.1-inch diameter tank is a sphere with an elastomeric diaphragm to prevent
gas ingestion in the hydrazine manifolds.
5.2 CENTER OF MASS MANAGEMENT
The tanks of each half system are alternated symmetrically around the space-
craft spin axis, as shown in Figure 5-3. As can also be seen from the field-
of-view studies of Section 3, the plane containing the X, Y, 7. coordinate re-
ference (0, 0, 0), also contains the geometric center of all six tanks. The
design allows for center, -of-mass control by withdrawing propellant from the
tanks individually. This control is accomplished by opening or closing any of
the tank outlet latch valves as required. When a half system is used as a
unit, the propellant mass decreases uniformly around the spin axis and does not
shift the spacecraft center of mass away from the spin axis.
Two pressure transducers (PX-1 and PX-2) are provided to gauge the amount of
propellant left in each half system. These gauges are normally isolated from
each other, but by opening the cross -over latch valves (LVAs 7 and 8 of Figure
5-1) the transducers can be calibrated against one another.
Ten latch valves are provided for fuel isolation and to minimize propellant
loss due to potential rocket engine or propellant tank leaks. In addition to
filters in the latch valves, three high -capacity filters are located in the
propellant pathway in front of the REA9.
Heaters, located as required to keep the N 2H4 above the minimum temperature
limit, are monitored by strategically located temperature sensors. Propulsion
system parameters will be monitored via telemetry.
5.3 CONTAMINATION CONSIDERATIONS
With the type of scientific instruments on both the MGO and LGO missions, the
final thruster layout is critical because of plume impingement considerations.
The rocket engine assemblies shown in Figure 3-6 will be mounted on the space-
craft in the same way as was done for AE. Extensive. further analysis is re-
quired to minimize this potential problem. However, AE flight data from the
sensitive instruments has confirmed that no contamination problems occurred
from the hydrazine plumes.
MANEUVER REA NO,
ORBIT CIRCULARIZATION 14.2
SPIN AND DE•SPIN 3+5OR4+6
PRECESSION 8 + 10 OR 7 + 9
1	 2
4
4
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Figure 5-2. Rocket Engine Assembly Locations
Figure 5-3. Propellant Tank Configuration
5-3
I 	 I L'.

SECTION 6.0
MASS PROPERTIES
6.1 SPACECRAFT STRUCTURE ESTIMATES
As has been presented in Section 3, the physical site of the spacecraft was
arrived at by scaling up the existing dimensions of the structure to
accommodate 22.1 inch diameter spherical propellant tanks, as compared to the
16.5 inch tanks of the heritage Atmosphere Explorer structure design. In all
of the estimates contained herein, the resulting scale factor (24/17.5) was
applied to the measured values of the corresponding structure elements from
the Dynamics Explorer program as a cubed factor to assure conservatism in the
estimates. In the case of the solar array substrates, which are of a honey-
comb construction, the factor was applied as a squared factor since no justi-
f.4cation for the increase in honeycomb thickness has been identified. Simi-
laxly, for box mounting bracketry, since the dimensions of the electronics
boxes have not changed, the "as measured support bracketry" was not scaled.
In all cases of the estimated masses, various percentage margin allocations
were made, with the percent allocated being a function of the degree of legacy
in the equipment design. Table 6-1 contains the mass estimates for both the
i1big bird" configuration and the "little bird" configuration for comparison
purposes.
6.2 ELECTRONIC COMPONENTS ESTIMATES
Entries in Table 6-1 for the electronics components are, for the most part,
based on actual weights of the heritage design components from the DE pro-
gram. It should be noted that when these weights are compared to those of
the equivalent components of the AE program, significant weight reductioas
were achieved. While the system architecture was basically identical between
AE and DE, the availability of more densely packaged, qualified piece parts
allowed for reduction in the numbers of electronics cards and circuit
elements to perform the same functions. It can equally be expected that
similar improvements could be encountered in applying the DE designs to the
MGO/LGO flight equipment, thereby rendering the estimates of Table 6-1 very
conservative. No such reductions have been accounted for in the estimates
herein. For those components which were non-redundant in the DE equipment
complement, the measured masses were doubled. This again is conservative in
that in-house RCA design practice routinely houses both redundant components
in a single common "wrapper" or package.
6.3 TOTAL DRY MASSES
The dry masses of both the little bird and big bird designs for the MGO space-
craft are tabulated at the bottom of Table 6-1. The Lig bird mass, including
the total margin, along with the total mass of hydrazine as identified in the
71 ission analyses of Section 4, were used to assess maneuvering performance
(hydrazine budget) orbit insertion motor selection and launch vehicle selec-
tion.
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ELEMENT
16.5" TANK CONFIG.
LITTLE BIRD
22.1" TANK CONFIG.
1110 BIRD COMMENT
INSTRUMENT
Gamma Ray Spectrometer 12 12
Multi-Spectral Mapper 17 17
Magnetometer 5 5
Radar Altimeter 10 10
44 44
20% Margin 8.8 8.8
52.8 52.5
STRUCTURE
Upper Base Plate 9.33 24.06
Lower Base Plate 9.28 23.94 Scaled by i(24	 3
Center Column/Shear Process 12.87 33.20 `17.5
Separation Adapter 6.51 16.79
MWA Support 1.52 3.92
39.51 101.91
10% Margin 3.95 10.19
43.46 112.10
Solar Array Substrates
(Less Cells) - 2 x 20.5 lbs 18.19 34.21
Scaled by/ 24	 \2
10% Margin 1.82 3.42 17.5
26.00 37.63
Box Support Bracketry 19.12 19.12
10% Margin 1.91 1.91.
21.02 21.02
COMMUNICATIONS
Transponder 2 x 33.2 lbs 30.12 30.12 Based on AE Antenna
Low Gain Antenna 4.54 4.54• Not Based on DE
High Gain Antenna Assembly 6.8 6.8
Antenna 2 Axis Index 5.0 5.0
46.46 46.46
10% Margin 4.65 4.65
51.11 51.11
LA
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ELEMENT
16.5 11 TANK CONCIG.
LITTLE BIRD
22.1" TANK CONFIG.
BIG BIRD COMMENT
C&DH
CTP 2 x 11.9 lbs 10.79 10.79
CDU 1.5 x 12.1 lbs 8.23 8.23
RTM 2 x 9.9 lbs 8.98 8.98
TR"s 37.3 The 16.92 16.92
44.92 44 92
102 Margin 4.49 4.49
49.41 49.41
HARNESS
	
S/C 23.18 31.79 Scaled by 45	 2
Intra-Inst. Harn, 1.86 1.96 No Scaling
	 17.5
25.04 33.65
10X Margin 2.50 3.37
27.54 37.02
ASTR^ OMAST	 2 @ 24.1 lbs
(6 meter) 21.86 21.86 Margin for Clocking
Plates, Related
10% Margin 2.19 2.19 Mechanics) etc.
24=05 24.05
THERMAL
2 x DE-B .. 2 X 11.42 lbs 10.36 10.36 5 kg for Modified
RCS & OIM Heaters
Tank & Engine Htrs 5. 5
15.36 15.36
10% Margin 1.54 1.54
16.89 16.89
ADACS
2 x PCE	 2 x 10.9 lbs 9.89 9.89 r24	 2
MWA
	 39.64 The 17.98 17.98 Scale by\17.5
2 x Sun Sens 2 x3.11 lbs 2.82 2.82
Nut. DPR (Passive) 12.15 5.5 10.34
2 CS201 STAR Sensors @	 2.95 kg	 5.9 5.9 Not Based on DE
2 Gyro Packages @ 4.55 kg 9.1 9.1 Not Based on DE
51.19 56.03
152 Margin 8.40
58.81 64.43
TABLE 6-1. MGp MASS BUDGET (kg) (Continued)
ELEMENT
16.5" TANK CONFIG.
LITTLE BIRD
22.1 11 TANK CONFIG.
BIG BIRD COMMENT
POWER
PSE 9.01 9.01
24	 2
Batteries (2) 16.83 16.83 Scale Cell Mass
17.5 by /24	 \2
+28V REG 1.78 1.78
Solar Cells 2 x DE-B Lower
2 x 25.7 lbs 23.35 43.92
50.97 71.54
10% Margin 5.10 7.15
6.5	 07 78.69
BALANCE	 DE-B . 25 lbs 11.34 29.95 ( 24	 3
11.34 29.25 Scale by	 x,17.5	 )
RCS (DRY)
Tanks 45.59 46.95 Per PSI Data Sheet
Plumbing 3 4 Not Based on DE
Valves 3 3
Engines 16 16
67.59 69.95
6.76 7
10% Margin 64.3 5 76.95
S/C Dry Weight: 512.91 (Intl 51.39 kg 651.35	 (Intl
Margin) 71.91 kg
Margin)
F POOR QUALITI
6-4
A
6.4 INERTIA CHARACTERISTICS
The masses comprising the MGO spacecraft having been identified, a grief mass
properties analysis was performed to support the attitude control analyses of
Section 7. The major elements of the structure, hats, propellant tanks, and
hydrazine loads, along with the masses of the payload instruments were indi-
vidually modeled in an available automated analytic model. The remaining
electronics components, along with the undistributed margins, are modeled as
two torioda:l masses, one resident on the outward facing surface of each of the
two baseplatos. A sample of the analytic model tabulation is contained in
Appendix A of this report.
Several conditions were analyzed for the MGO design. These included;
• Fully stowed, full hydrazine load, OIM jettisoned (Case 1)
• Fully stowed, full hydrazine load, full Star 30C attached (Case 2)
• Fully stowed, full hydrazine load, full Star 37F attached (Case 3)
• Partially deployed, (astromasts only), full hydrazine load, OIM
jettisoned (Case 4)
• Fully deployed, empty hydrazine load, OIM jettisoned (Case 5)
The resulting inertia characteristics are shown in Table 6-2 and are the basis
for the attitude control techniques discussed in Section 7. Note that in all
of the cases considered, when the OIM has been jettisoned, the ratio of the
spin moment of inertia to the maximum transverse moment of inertia is greater
than one. Since this includes the partially deployed case, the indication is
that during the deployment scenario, if for some reason the momentum wheel
should stop, the system would remain spinning about the proper axis.
6-5
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TABLE 6-2. MCO INERTIA PROPERTIES
'l
{
CASE 1 Stowed, No Engine, Full N2 H4 Load
Ixx = ,325 (104) in-lb-sec2
I	 .338 (1.04 ) in-lb-sec2
YY
I	 = .430 (104) in-lb-sec2
zz
ISPIN/ITRANS(MAX) = 1.272
Case 2 Stowed, Full 30C Attached, Full N2H4 Load
I	 - .119 (10 5 ) in-lb-sec2
xx
I	 = .120 (10 5 ) in-lb -sec 2
YY
Izz = .474 (10 4) in-lb-sec2
ISPIN/ITRANS(MAX) =	 •394
Case 3 Stowed, "Full" 37F Attached Full N 2H4 Load
I	 = .157 (10 5 ) in-lb -sec2
xx
I	 - .159 (10 5 ) in-lb-sec2Y'l
= .491 (10 4 ) in-lb-see 1 z
ISPIN/I TRANS(MAX) = 0.310
Case 4 Partial Deploy, No Engine, Full Load N2114
I	 = .321 (104 ) in-lb-sec2
xx
I	 = .488 (10 4 ) in-lb-sec 2
YY
I	 - .588 (104 ) in-lb-sec2
zz
ISPIN/ITRANS(MAX) - 1.033
Case 5 On-Orbit Full Deploy, No Engine, No N2114
I	 = .370 (104 ) in-lb-sec2
xx
I	 = .522 (104 ) in-lb-sec2
YY
I	 = .670 (10 4 ) in-lb-sec2
zz
ISPIN/I TRANS(MAX) = 1.284
NOTE; Inertia properties exclude Momentum Wheel
i
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SECTION 7.0
ATTITUDE DETERMINATION AND CONTROL
7.1 SPACECRAFT DESIGN
The spacecraft is designed to minimize fuel uaago in the cruise orbit, to pro-
vide adaquate maneuvering propulsion while in the Lunar or the Mare orbit, to
account for uncertainties in the gravitation of those bodies, to provide an
accurate orientation of the spacecraft in all mission modes, and to provide
for momentum management. Further, the "flip over" maneuver, required for the
LGO mission (See Section 9), is performed by this subsystem and the propulsion
subsystem.
The requirement for a substantial quantity of propellant storage, electrical
power requirements and instrument accommodation necessitate adopting the "big
bird" option (see Section 301 ; In this configuration, the six tank geometry
used in AE is retained because it eases the problem of maintaining the center
of mass on the spin axis.
The spacecraft will have a large momentum bias, which provides a stable con-
figuration with minimum nutation, so minimal fuel will be required in the
cruise -hale, it will be n dual spinner canable. of rotating once per revolu-
tion in orbit about the Moon or Mars, and by using momentum management tech-
niques, the spacecraft can be oriented to point 'towards any vector in the
spacecraft X-X plane along nadir.
A momentum biased system was selected for the MAO/LGO system designs for sev-
eral reasons:
• The proven techniques from both the AE and DE programs for orientation
of the instrument platform in the range of pointing accuracy required,
lend themselves to this form of control and mission.
• The gyroscopically stiff spacecraft oriented in the mission mode is
inherently extremely insensitive to disturbances. Furthermore, in the
event of anamolous behavior, e.g., momentum wheel slowdown or stoppage,
the system, being a principal axis spinner in the on-orbit configura-
tion, is benign and does not require immediate corrective actions.
• During the cruise phase, a gyroscopically stiff system with the OIM
Attached will retain its desired orientation with minimum attitude cor-
rection. Further, with the system which evolved during the study, the
need for propellant expenditure for active nutation damping is obvi-
ated. During the course of the study, a parallel analysis was per-
formed for a cruise configuration MGO with inertia properties similar
to the final, derivation, as reported in Section 6.
This parallel study assumed inertia properties of the spacecraft OIM combina-
tion of:
I	 -- 5640 in-lb-sect
Ixx = I tt W 9590 in-lb-sec2C1tt " 'max transverse)
Assuming spin rates during the cruise phase of 1, 5, and 30 rpm, the analysis
yielded the propellant utilization for nutation control of nutation angles of
V and 3°, as shown in Table 7-1.
1
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TABLE; 7^1. PROPELLANT UTILIZATION PER DAY FOR NUTATIOW CONTROL (l.bs/day)
Nutation Angle
Spin Rate
1 rpm 5 rpm 30 rpm
10
3 0
0.7973
2.393
1+.195
42.515
352.1
1056.6
The detailed analysis supporting these findings is contained in Appendix B of
this report.
While not exact, in that the inertia values used are somewhat different than
those reported for the MGO configuration in Section 6, these valves are suf-
ficiently close to indicate the unacceptability of active damping by propul-
sive means for the cruise phase.
During the cruise phase, celestial sensors will be used to determine space-
craft orientation prior to making midcourse corrections. For other attitude
determination activities, the Sun sensors will be used. The sensors will be
used in mission mode as one element of an attitude determination and control
technique.
7.2 MOMENTUM SIZING
Fundamental to the application of the existing designs and technologies from
the AE and DC programs, the basic momentum wheel design has been retained.
This assembly consists of a brushless do motor assembly, a :lightly preloaded
dual bearing pair and a "flywheel' inertia rim. In the AE design, the system
was equipped with redundant motors; in the DE design, the second motor was
omitted but the housiag onvelope retained the configuration to allow for a
second motor. A majoxl 'key to the application of the same design to a differ-
ent mission is retaining the operating speed regime of the wheel to allow
retention to the bearing design and especially the design of the bearing
lubrication system. In sizing the momentum system for the MGO/LGO, this
characteristic has been taken as the prime consideration. Thus, when the
momentum magnitudes for various phases of the mission are identifio,'d, the
only change to the momentum wheel design is the sizing of the inerl:ia rim of
the flywheel. In both the AE and DE applications, the momentum wheel was
required to operate over several speed ranges. Given a nominal system momen-
tum for a 1 rpo momentum biased spacecraft, by varying the wheel spread rela-
tive to the body, conservation of momentum results in imparting rotation rates
to the body. This technique was used extensively in the AE program where the
system operated in a 1 rpo mode and also allowed for body rotation rates,
selectable from 1 to 10 rpm.
Given the system inertias as reported in Section 6, and considering the cruise
case where the star 30C OIM is in place, the following sizing of momentum val-
ues was conducted. For the cruise phase, a slow rotation rate of the body is
desired for thermal considerations (also see the discussion of cruise phase
attitude maneuvers for thermal and communication considerations in Section 9)•
Likewise, during cruise, the assembled "stack" (stowed spacecraft and OIM) is
stable about the pitch (Z) axis, which is also the rotation axis, of the
momentum wheel if the momentum stored in the wheel is much larger than that
stored in the body at its slow rotation rate. For conditions where 0.1 rpm
on the body provides an adequate thermal rotation rate, and assuming roughly
`	 y 7-2
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a 100:1 ratio of momentum in the wheel to momentum in the body, and further
assuming that acceptable wheel speeds are in the range of 200 rpm to 1500 rpnt,
the following conditions were derived, recognizing that the system would also
require a momentum ratio which results in a I vpo rotation rote in the
deployed, "on-or- bit" condition.
In the on-orbit condition, the deployed inertia of the spacecraft results in
6.1 in-lb-sec of momentum in the body. Thus, for a 100:1 ratio in this condi-
tion, the wheel momentum is 610 in-lb-sec yielding a wheel inertial of 29.13
in-lb-sec2 . Considering next the cruise phase, the wheel will operate in the
low speed regime in the on-orbit case and the high speed regime during cruise
where the momentum of the stack is 49.64 in-lb-sec. 	 This results in a momen-
tum ratio of 92,16, which is acceptable for the stability criteria. Alternate-
ly , given these speed limitations and inertia properties, and again starting
from an "on-orbit" condition, if it were desired to force the ratio during
cruise to be 100:1 0 this would result in reducing the stack rotation rate
during the cruise phase from 0.1 rpm to 0.0922 rpm, also a totally acceptable
solution.
Given these conditions, the physical. size of the momentum wheel was addressed.
The existing DE momentum wheel was 25 inches in diameter with an inertia of
6.366 in-lb-sec 2. For the MGO wheel inertia of 29.13 in-lb-sec 2 , and
assuming that the mass of the wheel is kept constant (conservative estimate)
but redistributed, and since
X - MR 2 ,
then the new radius of the MGO wheel is found to be 26.74 inches. The result-
ing 53.5 inch diameter wheel fits nicely within the envelope of the spacecraft.
Further, as the actual design of the momentum rim will, in actuality, probably
result in some mass increase, the resulting wheel diameter would, be somewhat
smaller. By comparison, the momentum wheel assembly inertia rim employed in
the AE design was 48 inches in diameter.
To achieve the desired rotation rates of the stack in the cruise phase for the
candidate CS201 celestial sensors, the momentum wheel, by command, is "slowed
down01 thus increasing the body rate of the stack to the desired value. Having
completed the precision attitude sensing activity, the wheel is returned to
its normal operating speed in the cruise phase and the "stack" returns to its
slow rotation rate. Futhermore, should it b y required to stop the body (iner-
tially) during cruise tc orient the stowed high gain antenna toward the earth,
an algorithm utilizing the Sun sensor output is employed to slightly increase
the wheel speed until the body stops in the desired orientation.
A sitailar technique is used in the on-orbit configuration when i t is desired to
obtain a precision attitude data sample. This maneuver is not projected to be
performed frequently during the mission, possibly once every one or two weeks.
To perform the same in the on-orbit configuration, the .same concept is employ-
ed, but in this condition the wheel speed is raised rather than lowered. Since
momentum must be conserved, the body reduces from 1 rpo to zero and then spins
up in the opposite rotational sense from the 1 rpo direction to the desired
rate. Upon completion of the data gathering, the wheel speed is returned to
the normal orbital rate and pitch capture is re-achieved.
i
7.3 MGO PITCH PtrRVORMANCE
Application of the pitch control system of the AE and DU programs to the MOO
and LGO missions required they
 assessment of the existing horizon sensors for
j	 Chase applications, The boltmeter sensors ) which were optical y filtered to
respond in the 14-16 micron band 0'0 horizon regime and which were used in both
heritage programs, were considea ed for the MG0 mission. In the pitch control
system design, the sensors scan the body bring orbited by means of a mirror
mounted to tha momentum wheel,. The scan path so generated is offset from the
orbit plane to optimize geometric sensitivity. Tile resulting horizon sensor
output ) called the body crossing envelope (BCE), is "split", and the resulting
signal is compared to a reference pulse, generated once per wheel revolution.
The displacement between the reference and the split pulse is a direct measure
of the instantaneous pitch error. In response to this error, the wheel speed
is slightly increased (or decreased) until ttte two pulses are aligned.
}	 An existing in—house analytic model of the sensor and associated processing
electronics was employed to determine the effects a g the Mara 002 horizon on
pitch performance. This modal takes into account that this output of the Ben—
nor, due to the time constraints of the bolometer and associated processing
electronics, is delayed in time from the ideal condition, thus a relatively
constant delay in the location of the split pulses is encountered. (In prac-
tices, this delay is measured and the reference pulse genurator is intention-
ally aligned to compensate for the shift). A series of 11 computer runs was
made under the assumption that the bolometer assembly and optics coulO be mod -
ified to produce an output signal equivalent to Chat of the system in 'Garth
orbit. `lle input conditions and the resulting shift in split point for the
conditions analyzed are tabulated in ',Cable 7-2 for the 11 cases considered. To
assess the effects on pitch performance, the average value of the shift in
split pulse was subtracted from the result of each case to determine the pitch
error and roll error average values resulting from these 11 cases. These
errors are tabulated in Table 7-3. Due to the offset in scan angle for the
bolometers from the orbit plane, an instaldtaneous pitch error also translates
into an apparent roll error which can be approximated by:
tiara Crossing Envelope ;t poll Error * Ayornae Fitch Error
2 	 2
(# Taking the pitch error analysis from Phe bynamios Explorer program and adding
{	 in the pitch and roll, errors (from Table 7-3), the resulting performance, in
pitch control and indicated roll, error can be seen to be only about 0.02 worse
than the performance in Earth orbit. This error budget is presented in Table
7'-4. By comparison with the instrument pointing requirements as presented in
Section 3, the system performance easily satisfied the payload.
7.4 MARS HORIZON SENSING
The trey to the preceding analysis is the assumption that the horizon sensor
performance in orbit around Mars can be adjusted to equal that of its Earth
orbiting performance;. Given comparative horizon radiance data from the Viking
program, the incident energy on the bolometers in Mars orbit is approximately
one-fourth that encountered in Earth orbit in the 14-16 micron band. Thus, to
achieve the same signal output of the bolometer assembly,, the bolometer flake
length would have to be doubled as would the bolometer telescope lens diameter.
Since the bolometer assemblies are housed in the momentum wheel assembly, such
changers would also require modifications to this equipment.
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TABLE 7-3. MPO PITCH/ROLL ERRORS
Run Pitch Error Roll Error
1 +0.12 +0608
2 -0.04 4.0.03
3 +0.01 -0.18
4 +0.003 --0.04
5 +0.,08 +0.14
6 +0.43 +0.18
7 -0.46 -0.33
8 -0.04 +0.03
9 -0.04 +0.03
10 --0.02 +0.10
11 -0.05 --0.07
Average 0.12 0.18
TABLE 7w-4. MPO PITCH LOOP ERROR
MCE + RE R AV
2	 2
Error Source (Deg.	 Pitch) Roll (Deg) Comment
Noise 0.021 0.047 From DE--B Earth
Error Analysis
Threshold Variation 0.0 0.056 (From Table 7-2)
Gain Variation 0.01 0.011
Wheel Speed Change 0.31 0.085
IR Scanner Alignment 0.10 0.032
Horizon Radiance Varia- 0.12 0.18 (From Table 7-3)
tion Errors
RSS of Above 0.348 0.215 (1)
RSS of Above with Wheel 0.158 0.197 (4)
Speed Effects
Calibrated Out
RSS (DE-B) 0.342 0.190 (2)
RSS (DE-B) with wheel 0.143 0.170 (5)
Speed Effects
Calibrated Out
Net Increase or MPO 0.006 0.025 (3) - (1)	 ,.Q (2)
Sensor Over DE-B
Sensor 0.015 0.027 (6)	 .. (4) - (5)
Rounded Off Difference 0.02 0.03
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While this approach is an acceptable solution for the MGO case, and is, in
fact, the solution which would probably be employed if only a Mars mission
were to be considered, the lack of virtually any horizon signature in this
energy band in the case of LGO indicates a different solution would be re-
quired. Accordingly, to achieve a common design, an alternate method of
obtaining instantaneous pitch orientation information has been adopted which
is viable for both the MGO and LIEU designs.
Instead of using horizon sensors, the instantaneous attitude of the gyroscop-
ically stiff spw-,ecraft will be determined by an algorithm which operates on
star sensor and Sun sensor data to yield a control signal for the patch loop.
This algorithm will also provide blanking orientation information to electron-
ically blank the celestial sensors so they are not saturated by the orbited
body's albedo during the spacecraft ^ .station. Locations of tits attitude seat-
sore, and their view angles, are sltc. on in the on-orbit eonfigurati.on figures
of Section 3.
y
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MGO/LGO COMMUNICATIONS
t
8.1 MGQ COMMUNICATIONS	 I
8.1.1 Science Data
Figure 8-1 shows the science channel data rates achievable as a function of
Earth—to—Mars distance for both S —Band and X—Band downlinks, working into 34 	 a
meter and 64 meter ground antennas. The following assumptions apply:
• 1.5 meter dish and 20 watt transmitter; on the spacecraft 0
• S—Band frequency is 2295 MHz; X—Band fre quency is 8415 MHz
• Science data PSK—modulated on a square —wave subcarrier
• Carrier modulation index is 0.8 radian nominal
c
I	
• Engineering telemetry is transmitted simultaneously on another
I
	subearrier
	 -
• 32, 6 biorthogonal error coding is used
• Required word error rate is 1 x 10-2
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Figure 8-1. MGO Science Channel with Spacecraft High Gain Antenna (HGA)
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x'hese assumptions were influenced by the following considerations:
(a) Fitting an antenna larger than the 1.5 meters within the launch vehi-
cle constraints would pose a significant design challenge.
(b) Space-qualified 20 watt power amplifiers are available at both S-Band
and X-Band. Output powers greater than 20 'watts would entail exces-
sive do power drain on the spacecraft. (To prelude this being a
major factor in limiting the system, the power analyses of Section 10
allocated ample margin to the playback function.)
(c) The error code assumed is the same as used for Viking Lander communi-
cations. Additional study would be needed to determine the feasibil-
ity of using convolutional coding to obtain further improvement in
link performance.
The data rates required for the mission depend upon the sensor raw data rates
and the time available for playback. Sensor data rates are oxpected to be
between 3.9 kbps and 14.4 kbps. The time available for playback is a function
of the orientation of the spacecraft orbit plane relative to tl"e Earth. At
worst the spacecraft would be visible only slightly more than half an orbit.
At beat it would be continuously visible from Earth.
r^	 Table 8-1 shows the data rates needed for several assumed playback schedules
with the minimum and maximum sensor data rates rounded off to 4 kbps and 16
kbps respectively. From the table it can be sesn that a transmitting data
rate of 16 kbps would allow continuous real.-time transmission at the maximum
sensor rate, or playback every other orbit with sensor data rate at minimum.
TABLE 8-1. PLAYBACK OPTIONS
At Minimum At Maximum
Playback Sensor Sensor
Schedule Data Rate Data Rate Remarks
(kbps) (kbps)
Real Time 4 16 50% to 100% coverage,
Continuous dependent upon orbit
orientation.
Playback of 8 32 Full coverage if playback
Stored Data is performed every orbit.
From One Orbit
Playback of 16 64 Full coverage if playback
Stored Data From is performed every other
Two Orbits orbit.	 Allows make-up
for missed contacts.
Figures 8-2 through 8-5 show spacecraft antenna size vs. transmitter power for
various data rates at maximum Earth-Mars distance (2.68 AU). Figure 8-2 shows
that with a 64 meter ground antenna at K-nand, a 16 kbps data rate can be sup-
ported with a 1.5 meter antenna and a 20-watt transmitter on the spacecraft.
However, use of S-Band and/or a 34 meter ground antenna (Figures 8-3 through
8-5) would reduce the available data rate significantly.
G
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Figure 8-2. MGO Science Channel at Maximum Distance with
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Referring to Figure 8-1, it can be seen that much better performanc
obtained near minimum Earth-Mars distance, allowing either the use
meter ground antenna or a reduced number of ground contacts per day, or
combinations of both.
8.1.2 Engineering Telemetry
During mission operations, engineering telemetry will be transmitted simulta-
neously with science data using a separate subcarrier. Figure 8-6 shows the
data rates attainable under the same conditions as in Figure 8-1 with the fol-
lowing additional assumptions:
• Carrier modulation due to the engineering subcarrier is 0.45 radian
nominal
• Data is uncoiled wil;h a required bit error rate of 5 x 10`3
It is expected that engineering telemetry rates in the 1 to 10 bps range will
be adequate for the mission. Figure 8-6 indicates that more than adequate
link capacity is available when the 1.5 meter high gain antenna is used.
During the cruise phase of the mission, there will be times when the space-
craft's orientation may prevent use of the high gain antenna, in which case, a
low gain antenna with a t proidai--shaped coverage pattern can be used. Figures
8-7 through 8-10 show the engineering telemetry data rate attainable using a
bifilar antenna or a belt antenna to provide the toroidal coverage.
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Figure 8-6. MGO Engineering Telemetry Channel with
!	 Spacecraft High Gain Antenna
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The angle quoted in the legend is the angle of each side of the plane normal
to the axis of the toroidal antenna. The performance of the belt antenna is
based on measured data for the antenna alone, it is Anticipated that when
mounted on the spacecraft its performance will be degraded in regions signifi-
cantly off-axis of the torpid. Therefore, the performance shown for the belt
antenna is probably somewhat optimistic. Note that many of the curves termi-
nate before reaching maximum Earth-Mars distance. This occurs because in some
cases there is inadequate link margin to support reliable carrier loop acquisi-
Lion and tracking at the ground station. The figures indicate that a 64 meter
ground antenna at S-Sand is needed to transmit engineering data at 1 bps at
maximum distance. Also, the coverage angle would be limited to approximately
130 degrees off the plane normal, to the axis of the toroid. The low gain	
fi
antenna can also provide a backup capacity to recover engineering data in the
event the high gain antenna is not pointed correctly.
8.1.3 Commands
S-Sand was assumed for uplink communications because of the availability of
deep space receivers in that band.
During mission operations at maximum Earth-Mars distance, command data rates in
excess of 125 bps are possible using the spacecraft high gain antenna and a 34
meter antenna and 2 kilowatt transmitter on the ground. At this rate, the
spacecraft command memory could be fully loaded in a fairly short period of
time.
During the cruise phase, the low gain antenna could be used for commanding.
Figures 8-11 and 8-12 show the data rates available assuming a 20 kilowatt
ground transmitter. Note that most of these curves terminate before maximum
Earth-Mars distance because of inadequate signal-to-noise ratio in the command
receiver carrier loop. A 64 meter round antenna is needed to command through
the low gain antenna at maximum distance. The low gain antenna will also pro-
vide a backup for commanding in case the high gain antenna is not pointed cor-
rectly. Although the command data rate through the low gain antenna will be
limited to as low as 8 bps, this will be adequate for the mission.
8.2 LGO COMMUNICATIONS
8.2.1 Science Data
Due to the much shorter distances of the lunar mission, high data rate down-
links can be supported for playback of science data. The limiting factor in
this case is the maximum playback/record ratio of the tape recorder. Assuming
a maximum sensor data rate of 16 kbps and a maximum playback/record ratio of
160:1, the required transmit data rate would not exceed 2.56 Mbps. Achievable
data rates as a function of the spacecraft transmitter power, when the space-
craft 1.5 meter high gain antenna is used, are shown in Figure 8-13, Even
with a 1 watt transmitter, a bit rate of 2.56 Mbps can be easily supported,.
The high playback/record ratio will permit storing many orbits of data before
playback.
If a fixed low gain antenna were used instead of the stored high gain antenna,
the downlink performance would be as shown in Figure 8-14. Note that with a
20 watt transmitter at S-Band working into a 34 meter ground antenna, a data
t	 rate of 270 kbps could be supported. This would allow a 16:1 playback/record
E	 ratio, and data could be dumped as infrequently as once every eight orbits.
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Figure 8-11. MGO Command Channel with Spacecraft Low Gain Antenna
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i
With either a high gain antenna or low gain antenna, engineering telemetry
data rates and command data rates in excess of 125 Ups can easily be handed
simultaneously with the science data. This is more than adequate for the
mission#
!1
r
8-11

9-1
INTERNAL
Figure 9 -1. LGO Thermal Configuration
PITCH
AXIS
'^ IORIGINAL PAGE 69SECTION 9.0	 OF POOR QUALITY
THERMAL DESIGN
9.1 LGO THERMAL DESIGN
As the lunar orbiter thermal environment rattier closely approximates the ther-
mal environment of an Earth orbiter, with the largest difference being the lack
of Earth albedo and IR both of which are second order effects as compared to
the internal dissipations and solar influence, the Dynamics Explorer B thermal
design can be adapted directly to LGO. This design consists of a set of
"pinwheel" shaped louvers mounted in the anti-Sun end of the spacecraft which,
in closed loop response to sensed internal temperatures, rotate to open or
close apertures coupling to the deep space thermal sink. By so varying the
sink coupling, the spacecraft internal temperatures are maintained at the
desired levels. The remainder of the thermal system consists of blanketing
the internal cavity of the spacecraft to prevent heat leakage other than
through the desired apertures, as is depicted in Figure 9-1.
Since the LGO orbit is essentially inertial, this thermal design requires the
maneuvering and reorientation of the spacecraft to maintain the low-er and in
the anti-Sun hemisphere. Such a maneuvering history is shown in Figure 9-2
where type al orientation profiles are shown for the spacecraft in lunar orbit
during a one Earth-year mission. The flipover maneuver is not new to the LGO
mission, having been accomplished routinely on the DE-B spacecraft and on the
AE-C, -D and -E spacecraft throughout their mission lives. It is performed by
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first executing a 1$0° yaw maneuver, followed by a re-orientation in pitch of
190°, thereby re-,establishing the same spacecraft azimuth vector along the
velocity vector.
9.2 MGO THERMAL DESIGN
As in the case of the power system, the thermal design of the MGO spacecraft
is the driving consideration for the combined LGO/MGO configuration. In the
LGO configuration described above, the effective emmittnnce of the louvered
end of the spacecraft is approximately 0.07 while th- , eternally blanketed
sides have an effective emittance of approximately O.ui. This results in a
requirement of significant thermal dissipation internal, to the spacecraft to
maintain the internally mounted equipment at desired temperatures. As an al-
ternative, if the LGO louvers were "left out" of the design and the entire in-
ternal spacecraft assembly were blanketed, the required internal dissipation
would be reduced, as shown in Figure 9-3.
Projections of the solar array temperature in the worst case for the cruise
phase of the mission are shown in Figures 9-4 and 9-5, for the side solar
array and end solar array, respectively, as a function of the angle between
the Sun vector and the spacecraft spin axis. For these calculations, the
solar constant was taken as 0.39 watt per squaro inch (Sun-Mars distance) but
no input from Mars, either IR or albedo, is assumed. Similar calculations for
the array side and end temperatures for the spacecraft in a 300 km eircular-
Mars orbit were made. These, as they have a more direct impact on the elec-
trical design of the solar array, are shown in the power section (Section 10)
of this report. For brevity, they will not be presented here.
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The curves of figures 9-4 and 9-5 show the thermal sensitivity of the array to
Sun Angle. A varying Sun angle during the cruise phase is highly desirable to
control impingement of the total solar flux on the OIM, allowing the engine to
be maintained in a reasonable thermal environment. 'Wherefore, the attitude
profile during the cruise phase will be varied to achieve desirable array tem-
peratures and motor temperatures while also retaining the orientations that
keep the Earth well within the beam of the belt antenna. This is depicted
schematically in Figure 9-6. During the earlier phases of the cruise, the spin
axis zs maintained in the plane of the ecliptic at an orientation in which the
spacecraft body blocks much of the solar influence from the OIM. During this
phase, since the solar thermal constant is much greater than the worst case
0.39, the arrays will operate at significantly warmer temperatures. As the
cruise continues, the spin axis is reoriented, still in the plane of the eclip-
tic, to present more and more of the OIM to the Sun. As the spin axis ap-
proaches the normal to the Sun vector during the latter stages of the cruise,
the angle from the spin axis (still in the plane of the ecliptic) to the Earth
is reduced, moving the Earth farther from the axis of the fan belt antenna. As
this condition becomes more severe, the spin axis is then reoriented to move
out of the plane of the ecliptic, thus moving the Earth closer to the center of
the beam while retaining a desirable Sun angle for the motor, with the final
orientation (as shown in Figure 9-6, insert 2) approaciting that of the orienta-
tion preparatory to OIM ignition. Note that throughout this cruise phase (see
also Section 7) the spacecraft has been slowly rotating and has utilized the
capability to spin up to spproximately 4 rpm to allow for operation of the
w	 celestial sensors with no condition wherein the Sun is in the field-of-view of
the sensors. For the conditions shown in Figure 9-6, insert 1, note that an
orientation of the spin axis relative to the ecliptic plane can be found where,
during a portion of the revolution of the spacecraft, the celestial sensor
field-of-view contains the ecliptic and the Sun is not in the sensor field-of-
view.
9.3 THERMAL DESIGN SUMMARY
The preceding paragraphs have addressed the direct application of the thermal
control techniques of both the Atmosphere Explorer and the Dynamics Explorer
programs to the MGO and LGO missions. From the level of effort expended during
the study, no fundamental problems have been identified which would preclude
their application. The major feature that will require further, more detailed
analysis, is the behavior of the system in the cruise phase. This is the area
of design that maximizes the extension of the Earth orbiter system to the
MGO/LGO case.
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SECTION 10.0
POWER PERFORMANCE EVALUATION
O^j,0114AL PAGE t
OF POOR QUALiTy
The assessment of the power performance for the MGO and LGO spacecraft presented
herein is based on an analytic computer program originally developed for the
Dynamics Explorer program. Subsequent modification has included the options to
select either the Earth, Mars or the Moon as the body to be orbited. In the
case of the Moon, a simplification was used whereby the Earth was .replaced by
the Moon rather than introducing the orbital complexities associated with
modeling the Moon's motion about the Earth. This approximation is not of major
significance, especially when the MGO design consideration is the driving case
addressed in this (study, due to the reduction in solar constant from 1.0 to
approximately 0.4.
10.1 MGO/LGO POWER PROFILE
10.1.1 Configuration
A standard power-profile configuration, shown in Figure 10-1, has been adopted
for use in MGO/LGO power computation . This profile is used in the Power
Analysis Computer Program which uses the energy balance analysis t,pproach to
measure the power system performance for both the MGO and LGO missions.
ECLIPSE
DUTY CYCLE (d)
ARRAY POWER
.^..	
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--^s^ d• o, -r a
d .._...-. _.
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Ow TIME
CONTINUOUS LOAD BATT ERY
4PLC)	 DISCHARGE/ ENERGY
ORBITAL
PERIOD
x:
it
Figure 10-1. Standard Power Profile Model for MGO and LGO
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(3) Continuous load is the minimum average power required to sustain the
spacecraft in orbit.	 To maximize battery recharge, all commandable
loads not essential to spacecraft operation are assumed to be OFF.
These include:	 science instrumentation, the data transmitter, tape
recorder (TR) and TR electronics, and the -24.5 volt regulator. 	 The
continuous load is not constant as implied by the adopted simplifica-
tion, but varies somewhat; for instance, power needed for thermal con-
trol will vary, but an assumed orbit-average value is included as a
component of the total continuous load.
(4) The science peak load magnitude is the sum total of the individual
power consumptions of all the on-board instruments in the normal ON
state, plus all the supporting equipment, which consists of the tape
recorder in "record," the TR electronics and the -24.5V regulator.
t All of the instruments and the tape recorder in '"record" mode of
science peak loads are assumed to be delivered at the regulated -24.5
volt bus whereas the attitude determination sensors are supplied with
+28 V regulated bus.
The assumed condition of all the instruments being ON at the same time
is judged to be pessimistic. 	 The implied degree of pessimism, there-
fore, justifies the following additional simplifying assumptions:
a	 Instrument warmup time is negligible
`r
10-2
f
Certain simplifications assumed in the standard power profile have been made
necessary due to the presumption that the science loads' actual occurrence and
duration are not accurately predictable and that the load, cycling in orbit,
does not occur on a consistent, repetitive basis. Alternatively, energy bal-
ance, basic to all power systems analyses, does require a repetitive load cy-
cle as a starting point; hence the need for a simplified 'standard" profile,
as well as a sht of agreed-upon simplifications judged to be representative
of the long-tetra, if not the exact, operating conditions in orbit.
Key features of the assumed power profile model are as follows:
(1) Where are three possible fixed-load levels in the MGO or TOGO power
profiles, as shown in Figure 10-1, with the shaded area representing
the battery discharge energy. The fixed-load levels are the con-
tinuous load, the science peak load and the playback peak load. Note
the drop in the solar array power level when the total load exceeds
array capability; this occurs because of the reduction of the array
voltage which takes place when the batteries are discharging.
(2) The load profile, as the name implies, .includes all loads, regulated
and unregulated, at the output terminals of the power subsystem.
Internal power supply losses, such as regulator inefficiencies, are
load-dependent and are not included in the load profile. Their ef-
fect on the power supply performance is properly treatod in energy
balance expressions used in the Power Analysis Computer Program. An
exception is the power supply electronics shunt-current (leakage) loss
which is assumed to be constant and, as such, is included in the load
profile as a component of the total continuous load.
Data transmitter is never ON whe
that this assumption is made on7
forward power profile; the power
appropriate peak power magnitude
should be ON, together with the
LGO.)
n the instruments are ON. (Note
v to configure a more straight-
system is capable of supplying the
if, in fact ) all the instruments
data transmitter, on either. MGO or
A further assumption is made that any on -board instrument can be ON
anywhere along the orbital path. if so, the total science peak can
also occur anywhere, e.g., either in sunlight or in eclipse, wholly or
partially. To hest reflect long-term operating trends, the analysis
assumes that the science peak duration is proportionally divided
between Sunlight and eclipse, more or less, as shown in Figure 10-1.
The analytical model has the capability to shift the peak to occur
entirely in eclipse as a special case for assessing "worst- case"
battery operation.
(5) Playback load magnitude over and above the co"tinuous load equals
mainly the sum of the data transmitter and the tape recorder (play-
back) loads. While the transmitter loads are taken from the unregu-
lated bus, the tape recorder (playback) load is supplied by the
-24.5 V bus. Playback time duration is a fixed fraction of the time
the science loads are ON. The y value of that fraction is assumed to be
one-eighth or one— fourth, consistent with the $:1 and 4;l playback— to-
record ratios.
In actual orbital operation, the playbapk  load can occur anywhere
along the orbital path. To simplify the already complex energy —
balance expressions, it has been assumed that playback occurs only
when the spacecraft is in sunlight. This assumption introduces very
little error in such computed quantities as the science ON time duty
cycle, battery depth of discharge, or the power supply dissipation.
10.2 POWER SUPPLY PERFORMANCE SUMMARY
10.2.1 Analysis
The primary performance parameters are the science ON time duty cycle (ex -
pressed in terms of minimum, maximum and average duty cycle as well as total
hours of science data—gathering through the mission life), the solar-array
output power, the depth of battery discharge and the charge; current magni -
tude. The Power Analysis Compucer Program is used to compute the magnitude of
these parameters as they vary with life, subject to major influencing factors
such as the Sun incidence angle and eclipse duration.
10.2.2 Per formance
The MGO and LGO power supply performance will be discussed in terms of the
computer —aided solutions obtained as a consequence of the inputs listed in
Table 10-1. Note that the star sensors are not included as their aperiodic
use during the mission and not considered part of the routine mission profile
(see Section 7.0).
The output power for the MGO spacecraft is based on temperature data for the
side and array as discussed below.   
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Table 10-2 is the computer printout for Run 25 (MGO, Effective Sun Angie
50°)•
As can be seen in the table, values are computed in five-day increments for
the entire mission lifetime. The "Gamma" column in the computer printouts is
the sun angle listing which is plotted in Figure 10-2 0 together with the solar
array output power (as measured at the solar bus in the PSE) given in the "'PSA
watts" column. Figure 10-3 shows plots of the eclipse duration as wall as the
average and the maximum battery depth of discharge; the latter two are listed
in the computer printouts as DOME and DODMAX. The average depth-of-discharge
values are based on the assumption that the science ON time is proportionally
divided between the in-sunlight part of the orbit and the eclipse. The
maximum lepth-of-discharge value, however, is arrived at by departing from the
"standard" profile and allowing the scionce ON time to be centered on eclipse
instead, resulting in a "worst ease" situation. Note that Run 25 is based on
solar array poq
 r not degrading from beginning-of-life to end-of-life as no
significant radiation environment leading to such degradation exists at Mars.
In examining the graphic output of this program, the solid line curve always
refers to the left ordinate, the dashed line to the first right ordinate and
the dotted line to the second right ordinate.
The ON time duty cycle is plotted in Figure 10-4.
The "ICHMAX (amps)" column of the computer printouts is the result of a coma"-
Cation of tyre maximum total charge current available to both batteries.
The "Case #" column of the computer printouts refers to load prof le magni-
tudes relative to the instantaneous magnitude of the solar array power output;
for example, "3" denotes that there will be a battery discharge during the
playback peak (Figure 10-1) but not during the science peak. The "QMAX subcase
#" refers to the duration of the science ON time relative to the eclipse dura-
tion, necessary when computing the DODMAX value. Neither of the two "case""
columns are of any great consequence to this discussion, and both are amply
discussed in the referenced RCA DE File Documentation (DE 2.4.1-005, 10/14/77)*
Table 10-3 containe' a printout of a summary of the electrical performance.
In Table 10-3, for example, it can be seen that the worst case science duty
cycle over the spacecraft lifetime will range between 52 and 57 percent, with
an overall life average value of 56.1 percent, corresponding to gathering
science data over a total of 4918.2 hours throughout the mission.
The remainder of the data provided in the computer printouts (not provided in
this report but available if required) deals with thermal dissipation. The
"'averaged array dissipation" column includes the combined orbit.-average values
of power dissipated in the shunt limiter, array wiring, and blacking diodes.
Low values indicate that there is no shunt limiter dissipation and that the
entire array power capability is utilized to support spacecraft and instrument
loads as well as to supply the necessary battery charge. Slightly higher
values mean that some shunt limiter dissipation is taking place. The "PSE
dissipation" column includes all of the orbit-average power dissipated in the
power supply electronics unit, including the regulator dissipation. The last
column labeled simply "watts" is the orbit-average dissipation in the data
transmitter.
l
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TABLE 10-2. RUN 025 PRINTOUT
LAILNOAM
D6TC
uAMMA GURATICt.
OF	 CCLI OSC
(PINS)
FPACTIGNAL
SUV	 TIME
F$A
wAT'TS
ON	 TIME'
DUTY CYCLE
CASCO OODAVE DOGMAX OMAX
SUS-
CASE.
ICHPAX
(AMPS)
5 . 2 A -1989 4o67! 3,.95 0.491! 172.162 0.57 3 0.179 0.241 1 3.966
6 • 2 . 1989 40.86 36. OF 0.6b9 173.373 0057 3 04119 0.241 1 3.566
6	 -7-190,9 44099 36.04 U.uQ9 173.185 0..57 3 0.179 0#242 1 3.566
6. 12 . 1919 40.12 36.09 0.629 173#397 0.07 3 Or 170 0442 1 3.567
6 . 1 7 -19 04 49.2! 36.14 0.68E 173.410 0.57 i 40179 0-L42 1 3.567
6 . 22 . 1965 4°.39 36.19 C.'R6 171.412 0.57 3 0.179 0.242 1 3.567
6-a7-19P 9 4^.b3 36.25 1.687 173.416 06'57 3 0.'179 00243 1 30568
7	 -2 . 19 4 '! 49.17 36.30 C-GPT 173.449 0.51 3 0.180 0.243 1 3.56F
7 - 7 . 19 00 49.61 36.35 O.P66 173.462 0.57 3 0-160 0.243 1 3.:68
7-12 . 19AV 44.49 3b.4C C.C86 173.477 0.56 3 0.160 0.244 1 5.569
7-17-1909 5r.09 36.4! C.66b 173.455 0.56 3 0.lbp 00944 .1 3.568
7 . 22 . 19A 0 :2.22 36.50 0.685 173.442 0.56 3 0.100 0.244 1 3060
7-27-1919 :0.36 36.34 0.685 173.420 0.56 3 06100 0.244 1 3.567
8	 -1 . 1989 !r.4R 36459 0.684 li3.°98 0.56 3 0.180 0.245 1 3.567
P -6-1989 SO.AC 36.63 0.684 173.377 0.56 1 0.160 0.145 1 3.566
0-11-198 0 '2.72 36.67 0.684 173.358 0.56 3 06180 0.245 1 3.566
b-16-1989 10.02 36.70 0.683 173.340 0.56 3 0.1P0 0.245 1 3.56.
6 . 21 . 1989 !002 36.74 C.683 173.321 0..6 3 00180 0.246 1 3.56:
b-:6-1989 5101 36.77 0.683 1724311H 0.56 3 0.180 0.246 3, 3.564
P-31-1989 81.09 36.79 0.683 173.295 0.56 3 0.180 0.246 1 3.564
9 -5-1989 51.15 36.R2 0.682 173.284 0.56 3 0.100 0.246 4 3.563
9-10-19 4 9 61.21 3603 0.682 173.275 0.56 3 0.18O 0046 1 39563
9 . 15-1989 51.25 36.85 L.682 173.268 0.56 3 0.180 0.246 1 30563
9 . 20 . 1989 51.28 36.86 0.682 173.263 046 3 0.160 0.246 1 3.563
9-25-1909 51.29 36.86 0.602 173.260 0.56 3 0.180 0.246 1 3.563
9-30-19 A ll $1.30 36.P6 0.662 1730260 0.56 3 00180 0.246 1 36'563
l0	 -5-1949 51.20 36.86 0.682 1730262 0656 3 0.180 0.246 1 3P563
10-10-1989 '1.25 36.85 C.682 173.267 0.56 3 04180 0.246 1 3.563
10-15-1989 51.21 36.P4 3.02' 173.274 0656 3 0.180 06246 1 2e563
10-27-1905 51.16 36.h2 5.662 173.243 0.56 3 00180 0.246 1 30563
10-25-1949 91.09 36.79 0.663 175.295 0.56 3 0.1b0 0.246 1 3.564
10 . 33 . 1989 51.6. 36.76 O-683 173.310 0.56 3 00180 0.246 1 3.664
11	 -4-1989 5C.9t 36.73 0.0P3 1T3.32T 0.5'6 3 0.180 0.246 1 36565
11	 - 4-1969 C1,79 36.69 C.663 173.345 0.56 3 0.180 00245 1 3.565
11-14-1989 0:9.67 36.65 0.664 171.366 0056 3 0-1F0 0.45 1 3.566
11-17-198" 5f ..3 3A.6C 0.684 11 ?.390 0.'56 W 0.180 0.CA5 1 3.1'66
11 . 24-1989 5..39 35.55 C.685 173.414 0.56 rT 0.180 C6245 1 3.567
11-25-193" :2.23 39.50 -..rR. I7:.446 Or66 3 0.1FD 0.244 1 3.56P
12 -4-1948 CC.C7 36.44 0.066 173.A6P 0156 3 0.160 0._244 1 3.569
12	 - 0 -191 9 4900 16.34 0.606 17'.471 0.56 3 0.100 0.244 1 3.569
12-14-1969 49.73 y6.32 0.687 173.454 O.V7 3 0.180 D.L43 .1 3.566
12-19-1989 49.55 36.25 0.687 173.438 0.57 3 0.1bO 0.243 1 3.°66
12-24-1989 49.36 36.19 0.686 173.421 '0.57 3 0.179 0.242 1 3.b67
12-29-198 0 44120 36.12 0.688 173.4n5 0.57 3 0.179 0.242 1 3.567
1	 -3-199: 405.3 :6.06 O.689 173.399 C.:57 3 0.179 0- M 1 ;.566
1	 -P-1990 46.87 36.CO 01689 173.373 0-"7 3 04179 4.241 1 3.566
1-13-1990 4F.71 35. "A 0.690 1730359 0.57 r 0.179 0.241 1 3.56E
1-18-1990 4-.57 35.eE O.r.90 17..345 0.57 3 06179 0.6241 1 3.565
1-23-1990 46.44 35.b3 0.691 173.333 0.57 3 0.179 0.240 1 3.565
1-2A-199C 40.33 35.79 C.691 173.323 0.97 3 00179 0.240 1 3.565
2 -2-1 99 0 4P.24 38.75 O.b91 173.314 0.57 3 0.1.79 0#240 1 3.564
2 -7-1990 46.1; 35.73 0.692 173.308 0.51 3 0.279 06940 1 3.564
2-12-1990 46.13 35.71 0.692 173.305 0.57 3 0#178 0.240 1 3064
2-1)-1990 4P.13 35.71 0.692 173.?n4 Or57 3 0.176 00240 1 3.564
2-22-1990 46415 35.72 0.692 173.306 0.97 0.176 0.240 1 3.564
2-27-199u 4E.22 35.75 C.692 173.312 41-S7 3 0.179 0.240 1 3.564
3 -4-199C 42632 35.79 0.691 173.322 0.57 3 0.179 0.240 1 3.564
3 -9-1990 4P.46 35.04 0.691 17:.535 Oc!7 3 0.179 0.240 1 3.56!
3-14-1990 4P.65 35.92 0.690 171.1'3 0.5't z 0.179 0.241 1 3.565
3-19-1990 4h.89 3A.01 1, .U69 173.375 C.V 0.179 0.241 1 3.566
3-24-1990 45.17 36.11 0.686 173.402 O-r7 3 0.179 0.242 1 3.567
3-21-1990 40.50 36.24 0.687 173.433 0657 3 0.179 0.243 1 3.560
4	 -3-1990 49.69 36.38 0.986 171.4(,4 0.'56 3 0#.180 0.243 1 3.569
4	 -8-1990 5^-32 36.53 C.685 173.427 0-26 ♦ 0.100 0-244 1 3.567
4-13-1990 SC-E1 36.70 0.683 173-342 0.56 3 0.100 0.245 1 3.565
4-1E-1 0 90 51.35 36.P.8 0.682 173.250 2656 3 0-100 0.246 1 3.563
4-23-1990 51.94 37.07 0.680 173.190 0.55 3 0.181 0.248• 1 3.560
4-2P-199C $2.58 37.27 0.618 173.041 0.55 3 0.181 0.249 1 3.557
5 -3-1990 53.27 37.48 0.677 172024 0.54 3 0.181 0.250 1 3.553
5 -8-1990 54.01 37.70 0.675 172.779 0.54 3 O.iE1 0.2!1 1 3.55C
5-13-1990 54.79 3702 0.673 172.667 P.54 3 0.182 0.253 1 3.$46
5-18-1990 55.61 38.14 0.01 172.368 0.53 3 O.1C2 0.254 1 3.530
5-23-1990 :6.47 3P.36 0.669 171.997 Oc52 3 0.182 0.255 1 3.52E
5-2P-199C 57.36 30.:9 0.667 171.610 y5e 3 0.182 0.256 1 3.517
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TABLE 10-3. RUN 025 PERFORMANCE SUMMARY
DOD Max Ranges from 0.240 to 0.256
Duty Cycle Ranges from 0.52 to 0.57
Average Duty Cycle ca
 0.561
Total Duty Cycle for Life of Mission - 4918.168 Hours
10.3 POWER SUBSYSTEM DESIGN
10.3.1 Power Supply Electronics (PSE)
A block diagram of the PSE is also shown in Figure 10-5. The design considered
for MCO and LGO is identical to that c r ''	 ;p ith the exception of the number of
2 x 2 cm solar cells, a slight diffe,	 ,	 t. their series/parallel connections
and an increased number of "legs" in ,'^,e: ; .; nt limiter.
The PSE will perform the following functions:
• Load Voltage Distribution
i • Battery Charge Control
• Solar Array Shunt Regulator Control
• Regulated Bus Failure Detection
• Unregulated Bus Undervoltage Detection
• Charge-Controller Disconnect
• Ground Command Response
d	 • Telemetry Generation
10.3.2 Load Voltage Distribution
The PSE accepts solar array and battery power at voltage levels varying be-
tween -27.0 and -38.75 volts and provides the following steady-state bus volt-
ages:
•
	
	 Unregulated bus to support instruments and non mission-critical space-
craft subsystem, -25.7 ±0.1 to -38.25 ±0.25 volts
•	 Unregulated bus to support spacecraft mission-essential loads, -25.5 top	
-38.5 volts
•
	
	 Pulse load bus for use by stepper motors, elec yro-explosive devices,
heaters and other spacecraft components with large transient power re-
quirements, -25.5 to -36.5 volts
•
	
	 Primary regulated power for use by non-mission critical, loads, -24.5
volts ±2%. The -24.5 volt regulated bus is derived from the unregu-
lated bus by a constant-frequency pulse-width-modulated (PWM) regulator
which will hold the regulated bus within the specified tolerance for
static loads within the range of 0.4 to 6 amperes. Two identical PWM
regulators are provided but at most, only one regulator will be "on
line" at an y
 time. Current limiting is employed in each voltage regu-
lator to protect the circuit from overloads.
s
10-8
4#
3r
^nigr ^ t
OF pOOR QUALITY
J
z 1
_0	 =z
0PE
i
mO4Z
	
^	 ~ZO
	
:	
(	 O^F'Q	 I	 ^gZ
I	 sn® 
/1
a31r'InaaN	 H ¢ p	 (	 y^W/ w (nO^
	
1	 ^I^Z'	 3 W 7 W	 H	 U^K
	
f	
r",,	 I	
^S ww	 J I	 e=17O	 VI N
	
{^	
z	 I CC O	
w I	
N
	
^r Ri
	
LF,I
i.	 I to ¢W	 > 	 >^ '
	 w	
3 Oul
	
'	
I z Owp	 rvs
I 	
a
+ O
W =
	 n.	
rrr
m
	
aois oval	 3ais ov01 	I	 a
sne aalvinoadNn	 sne avoi ar ind	 ; ¢
wa
ZOW
	
aais aadnos	 aais aadnos	 (	 v LL
	
k	 ''	 sne only lnaaklNn	 sna avoi mind	 a p
	
^^	 l i
I	 I WY
	
r	 i	
m	
o	
uN	 I	
40.N
Cc 
i	 QV	 I	 W U
a4	 a
 
T
	
wwOLL	 J	 O V	 I	 m0
	
1	 QW4 I	 NU
	
1	
u I
	
L.J
	
3	 Z f' N D	 J	 I
	
FRZ N
 I	 Z	 2 ¢
	
^' W ~W ZO	 I	
zWa
	
=;	
=sLL	
LL0	 `n y N	 N d Vd
i	 I	 14	 FI	 N	 N	
I
I	
xos	
I
N y O
P	 ^'ww2	 =WO
	
000	 ^^, T+hV-	 =L04
fr
	
6 i r,	 N^ 0. y	 N^ J
W	 I	 mvOj 6
Z x
	
'	 I yam	 I	 ¢T
	
^	 nx^	 o5s
	
o^ UJ	 I	 "^
	
f fj	 ^	 daQgr
O J ¢ W
R ^;
*i	 4
10-9
ai
bH.O
c^
A
x
u
O
P-4
PO
y
W3
O
P+
^l
N
N
W
4
10.3.3 Battery Charge Control
F
+	 When excess solar array power is available, cirzuits within the PSE control
`	 the recharging of the two batteries. The maximum charge rate of each battery
is limited to approximately C/4. Separate control circuits are provided for
each battery.
10.3.4 Solar Array Shunt Regulator Control
Two redundant shunt regulator control amplifiers sense the solar array bus
voltage and provide a drive signal to the power-dissipating sections. The
power-dissipating sections, located on the solar array panels, act as shunt
loads on the solar array so as to limit the solar array bus vo y,tage to a nom-
inal maximum voltage of -38.5 volts.
Automatic failure detection circuitry is provided to disconnect a control am-
plifier which has failed in the ON state. Provision is also made to switch a
"failed ON" amplifier off line, by ground command.
10.3.5 Regulated Bus Detector
Circuitry is provided to monitor the regulated bus and automatically discon-
nect the "on line" PWM voltage regulator_ if the regulated bus voltage deviates
from pre-set limits. Ground command capability is also provided to disconnect
the "on-line" regul%.^ nor. Ground command capability also exists to control the
enable/disable status of the regulated bus detector.
i	 10.3.6 Unregulated Bus Undervoltage Detector
Circuitry is provided to monitor the unregulated bus voltage and to automati-
cally disconnect the "on-line" PWM regulator and other nonessential loads if
the unregulated bus voltage level drops below a pre-set limit. The non-essen-
tial loads can also be disconnected individually (reconnected) by ground com-
mand. Additionally, ground command capability is provided to disable or enable
the unregulated bus detector.
L
r,	 10.3.7 Charge Controller Disconnect
In the event of a charge controller failure in a shorted or saturated mode, a
charge controller automatic-disconnect circuit is provided. The disconnect
circuit will also detect battery voltage as a function of temperature and dis-
connect the affected charge controller from the solar array bus if battery
voltage/temperature condition exceeds a pre-determined level, or if the tem-
perature at any voltage exceeds 35.0 ±2.5°C.
10.3.8 Arrav Disconnect and Filter Box
A means is provided to filter internally generated noise in the spacecraft,
preventing it from reaching the solar array surface. Additionally, if this
proves inadequate for electromagnetic interference (EMI) contamination opera-
tions, provision is also made to disconnect the array; automatic reconnect is
provided. These features were incorporated to assure maximum electromagnetic
compatibility (EMC) cleanliness for Electric Field and Plasma Wave measurements
on DE and may be deleted for the present payloads for MGO and LGO. Should
revised payload requirements dictate more stringent EMC, they are available
and have been previously flown.
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10.4 SOLAR ARRAY PERFORMANCE PREDICTIONS
Inherent to the operation of the power performance analysis is a table of in-
formation characterizing the solar array output power (referred to herein as a
STINT Table - for Standard Interpolation Table), in watts, as a function of Sun
angle. To provide this input information, an analysis was performed; it is
summarized below.
In assessing the solar array design, again concentrating on the MCO case since
that mission contains the driving set of constraints, the following approach
was taken. The physical size of the spacecraft, both for the "as is" dimen-
sions of the parent DE spacecraft (referred to as "little bird" herein) and for
the scaled up spacecraft (referred to as "big bird" herein) to accommodate the
22.1 inch hydrazine tanks, was taken as a dual baseline. (The DE size space-
craft was considered to establish a comparison in performance for the scaled
up configuration.) After establishing the basic field-of-view requirements,
the side array and the end array remaining areas were allocated to solar cells
using the following constraints for three different effective mission Sun
angles, namely 30°, 50° and 70°. Since these Sun angles effectively project
different areas of the right circular cylinder spacecraft to the Sun, the
incident-flux results in different orbit average temperatures of the solar
array. The projected temperatures for the sides and end are shown in Figures
10-6 and 10-7, while the geometry of the definition of Sun angle is shown in
Figure 10-8. For purposes of the sizing of the solar array, the "on-orbit"
condition in a 300 km circular orbit was assumed. Using the same 2 cm x 2 cm
cell as was used on the DE spacecraft, a maximum of 258 cells can be placed on
one hat's side panel of the little bird configuration. Before continuing, the
power output of a single cell and its maximum power point for the Mars orbit
were determined. The I-V curve for the cell is shown in Figure 10-9, with both
Earth and Mars performance characteristics. In the Mars application, the
maximum power point is indicated at 480 mV and 56.5 mA for the 25°C cell.
Using the equation
V = n (.480) + (.00223) (25-T)
where
V is the desired operating voltage of the solar array output
n is the number of series connected solar cells in one string
(.480) is the maximum power point operating voltage
(.00223) is the change in voltage, per cell, per degree Centigrade
T is the expected operating temperature in Centigrade degrees
the number of series cells per string is calculated to achieve the same output
voltage from the solar array as was used in the DE design, namely 37.8 volts.
(By so doing, the performance and operating characteristics of all of the re-
maining elements of the DE power system are retained.)
For the 30° effective Sun angle condition in the 300 km Mars orbit, it is seen
from Figure 10-6 that the side array is projected to operate at +6°C. Solving
the above equation for this condition yields n = 72.36 cells required in the
10-11
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series. For a full panel of 258 cells' available this would allow three half-
series strings to be mounted on one panel. Note that when half strings are
used, the second half of the string must be placed on the adjacent facet of the
spacecraft to allow both halves to be illuminated simultaneously; if the ad-
j.,cent panel cannot accommodate a full complement of cells (or, more specifi-
cally can accommodate only a whole number of strings, i.e., 1, 2 or 3) the half
airing cannot be utilized.
In similar fashion, the end array, operating at 50°C for the 30* effective Sun
angle, can mount a maximum of 2410 cells. Again applying the above equation,
the number of series cells is 89 to achieve the -37.8 volt array output, and,
this translates into 26 parallel strings, which for normally .incident illumi-
nation would yield
26 x 37.8 volts x 0.0565 amps - 55.53 watts
Figure 10-10 displays the developed array and the number of strings of solar
cells allocated to the side panels; the shaded areas represent areas not
available for mounting cells, due either to other equipment mounting or to
being in the shadow of projecting equipment as was shown in the preliminary
little bird field-of-view study in Figure 3-1.
To determine the available power, the generated power for each of the 16 orien-
tations of the 16 sided spacecraft was calculated assuming that the solar input
was normal to each face sequentially, as indicated in Figure 10-11. This cal-
culation is shown in Table 10-4. To determine the average power available from
the array, these calculated data were plotted and the representative points
4 (Figure 10 -12) were averaged. Because the STINT table requires, by program
structure, entries of solar array output power for a full 180° range of sun
angle, these were calculated by
P(end) (cosy) ' P(side-avg) (siny) = PSIA
For the 30 ° effective Sun angle array, the resulting array output is shown in
i{{	 Figure 10-13.
Considering next the 50° and 70° effective Sun angles, the resulting side and
end temperatures, number of series cells and number of strings were similarly
determined and are tabulated in Table 10-5. As can be seen from the tablet
both configurations can use only three strings per full side panel as compared
to the 30° Sun angle array design. The STINT table data for these configura-
tions were generated in 'Like manner to the 30° configuration by first develop-
ing the average array power (see Figure 10-14) and then generating the actual
array versus Sun angle curves (see Figures 10-15 and 10-16).
In like manner to the above, the solar array performance for the big bird space-
craft configuration was generated. The developed solar array is shown in Figure
10-11 for the 30 0 effective Sun angle with the resulting numbers of strings of
solar cells as allocated for the available area. Table 10-6 summarizes the
numbers of cells and strings for the three Sun angle conditions considered. In
like manner to the calculations performed for the little bird case, the array
performance was determined for these array designs. (The tabulated calcula-
tions have not been included, for brevity.) The power performance for the
three cases through one orbit in shown in Figures 10-18, 10-19 and 10-20, with
the resulting STINT curves shown in Figures 10-21, 10-22, and 10-23.
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10.4.1 MGO Power Performance
{ For each of the three solar array designs, a series of analyses of the power
system performance was conducted. Subsystem performance parameters were
varied for each of the launch cases: 881, 9011 and 92II. For each case, the
following were considered: both a northern and a southern approach, data play-
back to record ratios of 8:1 and 4:1, and return link data via either X-band or
S-band. The loads assumed in constructing the power profile to be used are
shown in Table 10-7. The continuous load of the spacecraft, the most clearly
defined in terms of accuracy of estimate, is based on the actual values of the
r	
corresponding equipment from the DE program, and therefore, only a modest 2
watt margin was applied. Note that the only difference in the Proposed equip-
s	 ment is the change to the receiver portion of the transponders selected. Again
for convervatism, it has been assumed that both communications receivers are
powered continuously during the entire operational mission. An approximate 30
percent margin was allocated to the instrument complement above that defined in
the JPL instrument description. Furthermore, the multi-spectral mapper was
included at the identified peak value of 12 watts as opposed to the average
value of 8 watts. A specific design tape recorder was not selected; however,
the allocation of 9 watts in the record mode and 18 watts in the playback mode
are judged to be conservative. Similarly, allocation of 9.5 watts to control
the pointing of the high gain antenna during the playback operations is also
believed to be conservative. Finally, since the detailed operation of the sys-
tem during the playback mode is the least well defined, an additional power
margin of 30.0 watts was allocated to the playback function to allow for con-
tingencies.
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Figure 10-13. Little Bird 30 * y Configuration STINT Curve
TABLE 10-5. LITTLE BIRD SOLAR ARRAY
Effective Side End # Series # Series # Strings/ # Strings
Sun Angle Temp Temp Cells/Side Cell/End Side Panel End Panel
String String
50 0 24 °C 40 0 79 85 3 28
70 0 33°C 140 75 75 3 32
a`	 g
To illustrate the behavior of the power system, eight sets of the graphical
output of the analysis, corresponding to the 88I launch case for the 30° Sun
angle solar array (runs 49, 52, 55, 58, 61, 64, 67 and 70), are presented in
Figures 10-24 through 10-47. While the analysis provides gra phical output for
all cases run, only this subset has been included, for purposes of brevity.
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TABLE 10-6. DIG BIRD SOLAR ARRAY
Side End
C.ffective Array Array Cells/Side Cells/End Strings/ Strings/
Sun Angle Temp Temp Series String Series String Side Panel End Panel
30 0 6 50 73 90 6 1/2 50
50 0 24 40 79 85 6 53
70 0 33 14 82 75 5 1/2 60
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Figure 10-18. y =30° Configuration - Big Bird S.de Array
continuously during the entire operational mission. An approximate 30 percent
margin was allocated to the instrument complement above that defined in the JPL
instrument description. Furthermore, the multi-spectral mapper was included at
the identified peak value of 12 watts as opposed to the average value of 8
watts. A specific design tape recorder was not selected; however, the alloca-
tion of 9 watts in the record mode and 18 watts in the playback mode are judged
to be conservative. Similarly, allocation of 9.5 watts to control the pointing
of the high gain antenna during the playback operations is also believed to be
conservative. Finally, since the detailed operation of the system during the
playback mode is the least well defined, an additional power margin of 30.0
watts was allocated to the playback function to allow for contingencies.
To illustrate the behavior of the power system, eight sets of the graphical
output of the analysis, corresponding to the 88I launch case for the 30 0 Sun
angle solar array (runs 49, 52, 55, 58, 61, 64, 67 and 70), are presented in
Figures 10-24 through 10-47. While the analysis provides graphical output for
all cases run, only this subset has been included, for purposes of brevity.
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Figure 10-24. Run 049, Array Power and Sun Angle
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Figure 10-25. Run 049, Eclipse History and DOD Performance
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Figure 10-26. Run 049, Duty Cycle Performance
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Figure 10-29. Run 052, Duty Cycle Performance
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Figure 10-35. Run 058, Duty Cycle .Performance
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Figure 10-37. Run 061, Eclipse History and DOD Performance
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Figure 10-•38. Run 061, Duty Cycle Performance
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Figure 10 -39. Run 064, Array Power and Sun Angle
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gure 10-40. Run 064, Eclipse history and DOD Performance
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Figure 10-41. Run 064, Duty Cycle Performance
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Figure 10-42. Run 067, Array Power and Sun Angle
177.6
p
77.4
U
A
T 77.8
6
177.0
176.8
176,6
E 39
C
4
1
P
6 30
E
D
U
A 37
T
1
0
N
36
n
0.37$
0.8$0 0
D
A
U
E
0.@8S D
0
D
M
A
$fees x
0
A
M
M
A
D
E
0
F
0	 100	 800
	
300	 406
DAYS FROM LAUNCH
4^
Figure 10-43. Run 067, Eclipse History and DOD Performance
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Figure 10-44. Run 067, Duty Cycle Performance
10-37
E40 <. m^_^^^,..-..-.	 3	 ^^^,...s
 6.39
C
E[' ^^\Jls 'UAS4Ar
1	
..	 D
D e.26	
AU
R
U
A E
T
t
D
N 36..
0
BeA, 	 n
^.	 ._..-^.....^,_,,,,,.. —
._ --	 r .. —	 ._......-.-	 K
M
I
N
0 100	 26e 390	 400
DAYS FROM LAUNCH
Figure 10-45.
	 Run 070, Array Power and Sun Angle
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Figure 10-46. Run 070, Eclipse History and DOD Performance
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Figure 10 •-47. Run 070, Duty Cycle Performance
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10.5 WORST CASE/MOM1NAlt CASE COMPARISONS
As stated previously, the analytic model used to predict power performance is
extremely conservative to assure that the performance prediction of the .avail-
able duty cycle is a worst case prediction. To demonstrate this and to estab-
lish an expected case to worst case comparison factor, samples of the on-time
duty cycle performance actually achieved in the DE-B mission are compared to
the worst ;ase predictions. This comparison is shown in Figure 10-48. The
continuous curve is the worst case prediction, while the IIX" entries are the
actual measured performance. It can be seen from this figure that the shape
of the prediction curve is rather faithfully followed by the actual perfor-
mance, but the actual performance was r,ignif.icantly better than the predicted
worst case, The ratios of actual to worst cape predictions are tabulated in
Table 10-8, resulting in an average of the ratios encountered for the 11
samples of 1.61. This factor has been used in this study to predict the
expected total science data-gathering time throughout the mission.
Table 10-9 presents a summary of the big bird analyses performed and summarizes
the salient power system performance parameters achieved. These are the mini-
mum, maximum,iaid average-over-mission-Life science on-time duty cycle, the
maximum depth of discharge encountered, and the total hours of science data
gathering time during the one.-year operational mission life. (Mote that the
duty cycle is tabulated as the fraction of the orbit during which science data
can be gathered and, by the constraints of the program, cannot be gathered
Ujlrlilg dU L11 playback, gnus 17.tIj7.L7,(Ig t.;14' on--time duty Lyle to .077 Iva. vc4,
playbacks and .800 for 4:1 playbacks.)
The results of these runs are presented in Figure 10-49, with the critical per-
formance parameter being the "worst case" science data on time throughout the
mission. As the analysis is very conservative (see Section 10.5), a second
ordinate has been added to the figure, utilizing the Dynamics Explorer actual
in-flight performance to develop a correlation factor from worst case to ex-
pected case. As can be seen using this ordinate, data gathering throughout all
of the 881 launch cases for 8:1 playbacks can be achieved, and both 881 and
9011 cases can be achieved for 4:1 playback conditions. Finally, without re-
moving the power margin factors contained in all of the analyses conducted, it
can be seen from this figure that significant missions can be performed for all
conditions considered. Furthermore, it must be noted that the power design
(solar array) was not optimized in terms of mission performance but merely used
the available area resulting from scaling up the structure to accommodate the
required hydrazine tanks.
I
	
	
For completeness, and to establish a scaling factor for the size change between
the little bird MGO and a big bird MGO, a set of computer analyses was per-
formed for the little bird 50° Sun angle solar array over the same set of para-
metric conditions as that for the big bird. These runs are tabulated in Table
10-10. As can be seen, for each case considered, the little bird design
provided insufficient science collection to perform any meaningful mission and
in some cases was unable to achieve energy balance for zero duty cycle (also
implying zero operating time in the playback mode). One set of the graphics
from these runs, corresponding to run 73, is shown in Figures 10-50 through
10-52. For comparative purposes, these performance plots should be compared to
f	 run 49 of the big bird plots presented earlier.
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Figure 10-48. DE-B Duty Cycle Performance
TABLE 10-8. ACTUAL TO WORST CASE DUTY CYCLE COMPARISON
Days From Launch
Predicted
Duty Cycle
Actual
Duty Cycle Ratio
20 .24 .39 1.625
50 .23 .46 2.0
75 .29 .52 1.793
150 .28 .46 1.643
180 .24 .41 1.708
205 .19 .33 1.737
230 .20 .31 1.55
280 .28 .36 1.286
300 .30 .41 1.367
330 .27 .38 1.407
360 .24 .38 1.583
Average Value of Ratio = 1.61
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TABLE 10-9. MGO BIG BIRD GASES CONSIDERED (y "50° OPT. S/A)
i
Run
Launch
Case
Injection
Start
Comm
Link
PB
Ratio
Duty
Cycle
Min
Duty
._
Cycle*
Max
Duty
Cycle
Average
DOD
Max
'Dotal SCI
Data Hours
25 881 South X-Band 8:1 .52 .57 .561 .256 4918.2
26 9011 South .33 .58 .508 .224 4446.6
27 9211 South .32 .58 .446 .275 3903.0
28 881 North .50 .58 .567 .261 4962.7
29 9011 North .32 .58 .503 .2A 4407.8
30 9211 North .32 .59 .445 .274 3900.5
31 881 South S-Band .51 .56 .547 .262 4795.6
32 9011 South .32 .56 .495 .278 4336.3i
6
33 9211 South .32
_
.57 .442 .278 3868.6
34 882 North .49 .57 .552 .266 4838.9
35 9011 North .31 .57 .491 .278 4298.4
36 9211 North .31 .58 .434 .278 3804.1
37 881 South X-Band 4:1 .43 .48 .468 .267 4097.0
38 9011 South .28 .48 .423 .281 3704.1
39 9211 South .27 .49 .377 .281 3303.1
40 881 North .42 .48 X472 .271 4133.1
41 9011 North .27 .48 .419 .281 3671.1
42 9211 North .27 .49 .371 .281 3247.8
43 881 South S-Band .42 .46 .449 .276 3929.7
44 9011 South .27 .46 .406 .287 3553.4
45 9211 South .26 .47 .362 .287 3169.3
16 88I North .40 .46 .453 .280 3964.2
47 9011 North .26 .46 .402 .287 3521.8
48 9211 North .26 .47 .356 .287 3116.4
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TABLE 10-9, MGO BIG BIRD CASES CONSIDERED (y m30* 0
Run
Launch
Case
Injection
Start
Cordm
Link
PB
Ratio
Duty
Cycle
Min
Duty
Cycle*
Max
Duty
Cycle
Average
DOD
Max
Total SCI
Data Hours
49 881 South X-Band 8:1 .55 459 .584 .256 $118.2
50 901I .38 .60 .538 .275 4709.6
51 9211 .38 .61 .489 .276 4286.0
52 881 North .53 .60 .588 .260 5153.5
53 9011 .37 ,60 .533 .276 4672.9
54 9211 .37 .61 .483 .276 4227.0
55 881 South S-Band .54 .58 .57 .262 4990.6
56 9011 .37 .58 .524 .279 4592.6
57 9211 .37 .59 .477 .279 4179.9
58 881
IF
North .52 .59 .524 .266 5024.8
59 9011 .36 .59 .520 .280 4556.8
60 9211 .36 .59 .471 .280 4122.5
61 881 South X-Band 4:1 .46 .50 .487 .266 4266.1
62 9011 .32 .50 .448 .283 3926.0
63 9211 .31 .50 .408 .283 3572.2
64 881 North .44 .50 .490 .270 4294.4
65 9011 .31 .50 .445 .283 3894.7
66 9211 .31 .51 .402 .283 3522.9
67 801 South
IIF
S-Band .44 ,48 .467 .275 4091.6
68 9011 .31 .48 .430 .289 3766.1
69 9211 .30 .48 .391 .289 3427.3
70 881 North .43 .48 .470 .279 4118.7
71 9011 .30 .48 .426 .289 3736.1
72 9211 .30 .49 .386 .289 3380.1
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TABLE 10-9. MOO BIG BIRD CASES CONSIDERED (y m50° OPT. S/A)
Run
Launch
Case
Injection
Start
Comm
Link
PB
Ratio
Duty
Cycle
Min
Duty
Cycle*
Max
Duty
Cycle
Average
DOA
Max
Total SGI
Date'.4Xn a
97 881 South X-Band 8;1 .51 .58 .567 .257 4964.0
98 9011 .28 .59 .499 .273 4371.2
99 9211 2.8 .	 3 .432 .273 3780.1
100 881 North .48 .59 .574 .261 5025.1
101 9011 .27 .59 .494 .273 4327.9
102 9211 .27 .61 .422 .273 3700.6
103 881 South S-Band .50 .57 .553 .262 4840.2
104 9011 I I .28 .57 .487 .276 4262.7
105 9211
IF
..27 .59 .421 .276 3686.6
106 ,	 881 North .47 .58 .559 .266 4899.7
1'=7 X011 .26 .58 .482 .276 4220.4
108 9211 .27 .59 .412 .276 3609.1
109 881 South X=Band 4:1 .43 .49 .472 .267 4135.7
110 9011 .24 .49 .416 .279 3640.8
111 9211 .23 .50 .359 .279 3146.7
112 811 North .40 .49 .478 .272 4195.9
113 9011 .22 .49 .411 2.79 3604.1
114 9211 .23 .51 .352 .279 3080.2
115 881 South S-Band .41 .47 .453 .276 3966.7
116 9011 .23 .47 .399 .285 3492.7
117 9211 .22 .48 .345 .285 3019.2
118 801 North .39 .47 .458 .280 4014.7
119 9011 .22 .47 .395 .285 3457.5
120 921I IF .22 .49 .337 .285 2955.5
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10.6 LGO POWER PERFORMANCE
For the LGO, a series of 32 power analyses were performed similar to the MGO
studies. The power profiles utilized are shown in 'fable 10-11. In the case of
LGO, the communications subsystem configuration was listed to S-band, but in
two configurations, one using the high gain antenna ( p nd associated antenna
control) and a second using the high power amplifier and only the low gain
antenna.
In sizing the solar array, rather than addressing the problem as rigorously as
was done for MGO, two solar arrays were considered. The first, ignoring the
physical requirements of the hydrazine storage, assumed that the spacecraft was
the size of the Dynamics Explorer and used the STINT table of the DE-B space-
craft. Since this spacecraft was designed for the temperatures encountered in
an Earth orbit, and since both DE-B and LGO are 1 rpo orbiters., it was assumed
that this would make a viable candidate. Second, a big bird configuration was
assumed consistent with the spacecraft shown in Section 4 for LGO. The array
for this spacecraft was based on the MGO big bird design for an effective Sun
angle of 50 0 . To obtain the equivalent power output, the STINT tables for the
MGO design were scaled up by a factor of 1/0.4, the ratio of solar constants
for the LGO to MGO missions. This results in an optimistic power prediction
as the solar flux will dictate a hotter solar array in the LGO case. Analysis
shows, however, that this design results in a significant "overkill," indicat-
ing that such a scaled array would be capable of supporting a significantly
larger power drain than that analyzed. The cases considered are shown in
Tables 10-12 and 10-13 for the LGO little bird and LGO big bird, respectively.
For completeness, two sets of graphics output,,corresponding to runs 1 and 17,
have been included in Figures 10-53 through 10-58.
A variable addressed in the LGO analyses was the right ascension of the ascend-
ing node (RAAN). Since this was not specified, the analyses were run for the
full range of RAAN in 45° increments from 0° through 315°. As can be seen from
04e tables, the DE-B spacecraft array design will support a relatively modest
mission in the LGO orbit, whereas, as noted above, the LGO "big bird" design
has a significant margin. Since the LGO design would require a physical size
such as that of the big bird, under the assumptions of this study, the question
of available power for the mission becomes non-critical. Furthermore, as was
noted in the inLzoduction of the power system studies, the claim that the MGO
case is by far the dominant one in terms of driving the design is substan-
tiated.
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R
Run
Launch
Case
Injection
Start
Comm
Link
PB
Ratio
Duty
Cycle
Min
Duty
Cycle*
Max
Duty
Cycle
Average
DOD
Max
Total SCI
Data Hours
73 881 South X-Band 8:1 .02 .04 .036 .102 317.5
A 9011
-.06 .04 .012 .102 107.5
75 9211
-.07 .05 -.012 .103 -102.5
76 801 North
.01 .05 .039 .103 338.6
77 901I
-.07 .05 .010 .103 91.6
78 9211
-0.7 .05 -.015 .104 -131.1
79 881 South S-Band .02 .04 .036 .102 311.3
80 901I
-.06 .04 .012 .102 105.4
81 92II
-0.7 .05
-2011 .103 -100.6
82 881 North
.01 .04 .038 .103 332.0
83 9011
-.07 .04 .010 .103 89.8
84 9211
-.07 .05 -.015 .104 -128.6
85 881 South X-Band 4:1 .01 .04 .031 .102 271.0
86 9011
-.05 .04 .010 .102 91.7
87 9211
-.06 .04 -.010 .103 -87.5
88 881 North .01 .04 .033 .102 289.0
89 90II
-.06 .04 .009 .102 78.2
90 9211
-.06 .04 -.013 .103 -111.9
91^ 881 South S-Band .01 .03 .030 .102 262.1
92 901I
-.05 .04 .010 .102 88.7
93 9211
-.06 .04 -.010 .103 -84.7
94 88I North .01 .04 .032 .102 279.5
95 901I
-.06 .04 .009 .102 75.5
96 92II
-.06 .04 -.012 .103 -108.3
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TABLE 10-10. MGO LITTLE BIRD CANES CONSIDERED LITTLE BIRD Y50°
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Figure 10-50. Run 073, Array Power and Sun Angle
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Figure 10-51. Run 073, Eclipse History and DOD Performance
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Figure 10-52. Run 073, Duty Cycle Performance
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TABLE 10-11 • LGO POWER PROFILE (Continued)
Subsystem
Continuous Load Load Above Continuous
Science Watts playback WattsWatts
Due Unreg. -24.5V +28V Unreg. -42 4.5V +28V Unreg. -24.5V +28V
Instruments 0 57.0
Magnetometer
Electronics 4.0
Sensor
X-Ray Spectrometer
Electronics 10.0
Sensor
Multi-Spectral Mapper
Electronics 12.0
Sensor
Radar Altimeter
Electronics 18.0
Sensor
X-Ray Spectrometer
Electronics 10.0
Sensor
Electron Reflector
Electronics 5.0
Sensor
Margin 12.0
Instrument Total 71.0
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TABLE 10-11. LGO POWER PROFILE (Continued)
Subsystem Continuous Load Load Move Continuous
Component
Watts Science Watts Playback Watts
Bus Unreg.
-24.5V +28V Unreg. -24.5V +28V Unreg. -24.5V +28V
ADACS
Sun Sensor 1.5
Electronics
Pitch Control 1.0 5.0
Electronics (PCE)
Momentum Wheel 2.5
Assembly (MWA)
ADACS Total, 3.5 6.5
C&DH
Command and 5.0
Telemetry Processor
(CTP)
Remote Telemetry 2.5
Module (RTM)
Command Distribution 1.8 .5
Unit (CDU)
Tape Recorder 9.0 18.0
C&DH Total 1.8 8.0 9.0 18.0
POWER
PSE Shut Loss 3.0
Bypass Resistor
.5
Leakage
Current Sensor Loss .5
'"'
0 8 V Regulator Fixed
Loss
.5
Power Total 4.5
10-51 i J
OF p®OR QUALITY
TABLE 10-12. LGO DE-B STINT
Run S-band
LG
Antenna PB 8:1 RAAN
Duty
Cycle
Min.
Duty
Cycle
Max
Duty
Cycle
Avg.
DOD
Max.
Total Worst
Case Data
Hours
1 Yes 0 .03 .12 .076 .162 669.1
2 45 .03 .19 .089 .162 779.6
3 90 .02 .29 .117 .162 1021.5
4 135 .03 .29 .116 .162 1013.3
5 180 .03 .30 .103 .162 899.3
6 225 .02 .30 .115 .162 1010.3
7 270 .03 .30 .117 .162 1026.3
8 315 .03 .19 .089 .162 783.2
9 No 0 .02 .11 .070 .162 609.3
10 45 .02 .18 .081 .162 711.8
11 90 .02 .27 .107 .162 936.1
12 135 .02 .27 .106 .162 928.0
13 180 .02 .28 .094 .162 822.2
14 225 .02 .27 .106 .162 925.0
15 270 .02 .27 .107 .162 939.9
16 315 .02 .18 .082 .162 715.6
TABLE 10 -13. LGO MOD MGO 50° STINT
Run S-Band
LG
Antenna PB 8:1 RAAN
Duty
Cycle
Min.
Duty
Cycle
Max.
Duty
Cycle
Ave.
DOD
Max.
Total Worst
Case Data
Hours
17 Yes 0 .889 .889 .889 .354 7786.6
18 45
19 90
20 135
21 180
22 225
23 270
24 315
25 No 0
26 45
27 90
28 135
29 180
30 225
31 270
32 315
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Figure 10-53. Run 001, Array Power and Sun Angle
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Figure 10-54. Run 001, Eclipse History and DOD Performance
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MGO MASS PROPERTIES AND	 ORIGINAL PAOF I
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APPENDIX B
ACTIVE NUTATION DAMPING DURING
MGO CRUISE PHASE
The need for active nutation damping arises whenever a simple minor-
axis spinner must maintain stability over a period of time longer than
the destabilizing time constant. This is definitely the case with the
MGO cruise phase, because the mass distribution in that configuration
represents a long spinning vehicle with a significant liquid mass fraction
due to the need for maneuvers about Mars. This vehicle is "prolate",
i.e., a minor-axis spinner. Thus, the inherent instability of a prolate
spinner plus the need for stability in cruise situations lead to the
requirement for active nutation control (ANC). The fundamental driving
aspect of such a control function is the energy dissipation rate within
the liquid propellant tanks.
The function of an active nutation damper is to control the magnitude
of nutation angle with specified response characteristics. In a prolate
spinner, the rate of nutation angle increase is directly related to the dis-
sipation rate. In fact, this rate can generally be characterized via an
exponential decay (illustrated in Figure B-l) of rotational kinetic energy
from a maximum to a minimum. The dissipation time constant, T, is a key
parameter in the design of the ANC, as it is an indication of propellant
r °
	
and thrust requirements for the attitude control system.
A more realistic dissipation profile would account for the physical
nature of propellant slosh at low and high coning angles.. Such consid-
u.
^ A ei:ations would lead to a bell-shaped curve, as illustrated with the ex-
ponential form of Figure B-l.. 	 It is clear that the exponential. Assumption
;r
leads to conservative estimates of propellant requirements for nutation
i
control.
i!
C^
B-1
OF POOR QUALITY
Exponential
	
^i/r
Max
(T max - Tmin^ e	+ Tmin
^	 .
ROTATIONAL
	
Bell-shaped	
-t2/r2
KINETIC ENERGY, T	 (Tmdx " Tmin )e 	Tmin
Min-----
TIME
Figure B-1, General. Model of Energy Dissipation
Figure B-2 illustrates an exponential coning angle profile consistent
with the one for kinetic energy. However r, the associated time constant
TO , is different than T. 'Expressions for T and T Q are developed along
with a conservative estimate of propellant usage for nutation control.
Again, an account of the physical nature of slosh would yield a bell-
shaped curve for 0, as illustrated in Figure B-2.
Assuming the exponential model, the dissipation rate is simply the
time derivative of
(Tmax Tmin)e	 * Tmin
or
	
17	 T (Tmax ' Tmin)('	 )e-t
/T
Since the nutation angle, g , must be kept small, only the initial value
of T need be considered. This is also the maximum value of T. Thus,
	
•	 at t - 01
-(Tmax Tmin)
(t = 0)	 T
B-2
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2
CONING HALF
	 2( 2
ANGLE, e
(RADIANS)	 2 (1 " e- Te )
	Exponential	 Bell-shaped2 0 - e"t/T6)
00'
TIME
Figure B-2. General Model. of Coning Angle Increase
Since angular momentum., h, is conserved and
2 h2
Amin	 Imaxwf	 Zmax
and
	
2	 h2
Amax - Iminwo 
- 
^Imin
where w f is the final flat-spin rate and w  is the initial spin rate
then
h
2
•	 1	 1
T (t - a) C	 T 
(
Imin - I max ) .
Kinetic relations (Reference 1) lead to
h2	
( 'm in - 
	 e®
min ` max
Equating these two forms for dissipation gives a relation between T and
g for small values of e,
06-2T
B-3
ra i"Af-i , tS
which integrates to
02 At
r
Thus, the time to reach a value of 0 from 0 = 0 is
At a 02T
To correct 0 to zero, a torque impulse equal to hO must be applied. Thus,
the total impulse required to maintain 0 	 0 over a period of time can
be estimated as follows. Assuming a precession thruster, F, at a moment
arm, d, the thrust impulse is Ft f , where tf is the thrust time. The
torque impulse is Ftfd. However, the moment arm d is not constArit in
the typical case, leading to an impulse form, I t , of
rQ0/2
2J	 FR,cos"O w^ = - --in( 	 per revolution,
0
where d = R cosO
0 = precession thruster azimuthal position
w = MGO spin rate
R = radial position of thruster from spin axis
AO = precession thrust arc, i.e., thrust time per cycle is A0
Since h = 
I 
spin w' the value of I t needed is
I t	 I 
spin we
To roughly estimate the propellant required for ANC, assume a corrective
precession thrust per revolution, leading to a time, Bt, of 2n/w and a
value of 0 equal to	 2n/wT. The needed torque impulse per cycle is
Ispin wTw	. Equating this to the form for precession impulse and solving
for thrust impulse F( L), gives
I	 w(AO/2)
If 
_ F(^^ ) _ spin 	 2n/wT
It s i nT-
B-4
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which is the thrust impulse per cycle of spin. Thus, the corrective
impulse per day is
If Tox-
 
(86,400) lbf-sec/day
when w is in rad/sec and I f is in lbf-sec.
Now propellant mass required is related to impulse by
M ¢ Ia ulseP
spg
or the mass/day is
dMda If T (86,400)Y	 spg
or
f	 dMP	 I	 w2(86,400)(AO/2)
-	 spin
d day 	 RI
sp^2icwT sin(AT)
Thus, propellant usage is proportional to 1/rT, which indicates
a desire for large time constants. Determination of T for MGO represents
a mayor technical effort. The number of important parameters is large
and interactions are highly nonlinear.
1
The MGO vehicle has not been designed sufficiently to formulate spe-
cific dissipation models. However, the propellant usage can be estimated.
k
Given two or four spherical tanks placed equidistant from the spin
axis and knowing the propellant properties, it remains only to set the
{ problem in the required combination of spin rates and tank fill-fractions.
A spin rate of 5 rpm is to be expected.	 The fill fraction during cruise
is "near-full" or 75% taken as an average. 	 Nearly-full tanks can be
modeled as inviscid liquid except at the boundary layer.	 Nutation
causes each tank to experience two types of cyclic motion:	 translations
and rotations. Such motion occurs at the nutation frequency.
B-5
14
Although than s1weaeraft is nominally in low•&, spinning creatoo A. body-
farce field in tile propellants similar to A UpAtiAlly non-uniform aravi-
9tational acceleration. Tito magnitude of Lite n r field with respeQt to
surface tension form ,
 determines whether the liquid responds in, as low-&
or high-8 way, in accordance with tile numerical value of they non-dimensional
bond numbor z 0 B - pgR 
2
/0 * Pdo 2 R 
0
2/q. Tile data for HGO-tylle 13110W the
minimum Ng occurs forMA4 what' tile spin rate is 1 11141. This minimum
exceeds N 13 . 80. Since N B leas than 10 is generally taken, to separate
low-g front high-g (Referenee 1), it is elear that the propellant dynamic's
aro controlled by "gravity" forces, not aurface tension. Thus, technology
developed for hiAh-A sloshing can be applied here and is represented
,dynamically by: (1) as pandulum chosen to duplicate the forces on the
tank walls co ►sed by the par' , of the liquid that participates in the
lo,9bing, and (21) An immobile, or rigid, mass which represents the rest
Of 010 11 (luid mA88 (Referenee 3),
Thin 
model leads to the dissipation caused by sloshing,
2 1.64
whore e in in in-lb per nutation cycle, 0 is again the nutntion half cone
angle in radians, and 0 is the spin rate in rand/sec. K$ varien from
0 at 4'157pol fill to 27 at 7 5% r, i I I . Slash resonances are not predicted to
oQour in the nutation frequency range of interest here. Rollover, avail-
able tort data wA ophorical tanks are contradictory on the possibility of
re-sonancon. Tito valuo Of K for 75T% Till-fraction is estimated as
1.04
Tito Qyvlii, rotations -sot up a viscous boundary layer at the tank walls
bi,caun p some of the liquid is dragged along by wall motion. However,
the ImIk of liquid In the tank does not participate in this motion.
Assuming boundary Inyor motion is klecoxiplod from aloshing, the boundary
11-6
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layer dynamics can be determined analytically. This leads to the boundary
layer dissipation,
e 
w KBbg201.5
where KBb varies from about 11 at 25% fill to about 18 at 75% fill.
Thus, use 18 (in.. lb/rad)(rad/sec)1.5.
Nutation frequency, X, can be derived from a perturbed form. of Euler's
moment equations (Reference 1). For principal axes, x, y, z, these equations
have the form,
Ixwx + wywz (Iz - I y ) . 0
Iywy + wxwz (Ix - I z ) . 0
I zwz + wxwy (I y a Ix) = 0
for torque-free space. In the nominal case
W nox
W • w . 0y z
where x is the anis of spin. In the perturbed case
wx W A+wx
ww
y	 y
W
	
w
z	 z
These equations become, to first order in small values w , w w
x	 y^ z
t m - 0
X x
Iy tuy + ow (I- I z )	 0
I zwz 
+ owY(IY - I
x ) = 0
B-7
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which leads to w  .; constant, and	
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x	
Z) W . 0
W y 
+ 11 ( il 
Y	
z
^ -0 (-TX L1Z ) W
 
yw0.
71
z
Differentiating the first and substituting the ejecond gives
to	 2W 
y 
+ X
 wy -C 0
where
`rx - l x ( I	
1Iy	
^ 1	 ^y	 !
the nutation frequency.
The mass properties assumed for MGO at 75% Fill fraction are
1.	 5640 in-lb-s2
1	 9590 .in-1b-s2
Y
1	 9590 in-lb-s2.
z
This data is used to generate values of a for three spin rates:
Spin rate, 0	 x(radd/sec)
1 RPM	 0.0431
5 RPM	 0.2157
30 RPM	 1.2940
Worst case dissipation rates are estimated conservatively by using
four times the slosh dissipation plus four times the boundary layer dis,
sipation. These results are tabulated in Table B-1 for nutation angles
of 1* and 3%
1
B-8
T _ r (in-lb /sec:)
and kinetic relations gave
irnin 'max
where
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06
for small 0 values, then the time constant expression becomes
h2 
'
( Lm—in	 nO 
Y xmin	 Imax w 1
	
ex
Valuee of T for the worst case situation are listed in ",Cable B-2. This
E
m
	
	
information is then used to calculate the propellant requirement to
maintain a given value of nutation angle; i.e., l° or 3°, using values
of
4m	 60°
1 s 220 sec
R - 3.0 ft.
with
1
dMp	 1  in co2(86,400)AO/2d say 0 Rl sp tc^
V711—WT 
sin (A1D
Table B-3 presents the results for the cases studied.. Unfortunately,
these values are unacceptably high. Refinement in estimates and
adjustments in design will signifieantaly reduce these values.
s
1
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TABLE, 13-1. 14ORST CASE DISSIPXVION RATES (ill-lbblutatioll VYcle)
Spin Rate I rpm 2 rpm 30 rpm
Nutation
AnSlo 1, 30 is 30 10 30
0.000613 0.00732 0.0114 0.102 0.215 1,935
Boundary
Layer
0.000743 0.00669 0.00831 0.0748 0.122 1.099
Sum 0.001556. 0.01401 0.01971 1	 0.1768 0.337 3.034.
TABLE 13 • 2. DISSIPATION TIME CONSTANTS (see)
Nutation Angle
Spin Rate, 0
I rpm 5 rpm 30 rpm
10 1.3.934 x 106 4.7062 x 1.0 5 1.652 x 1.05
3 0 1.325 x 1.05 5.2465 x 1.04 1.8347 x 104
TABLE 13-3. PROPE'LLANT CONSUMPTION FOR, NUTATION CONTROL (lobs/day)
Nutation Angle
Spin RAte l n
I rpm 5 rpm 30 rpm
10 0.7973 3.4.195 352.1
30 2.393 42.515 1,056.6
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